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REPORT ON SHOCK TUNNEL STUDIES OF SCRAMJET PHENOMENA

NASA GRANT NAGVW 674 - Supplement 5, 1989

As in previous reports, this consists of a series of reports on specific
project areas, with a brief general introduction commenting on each report.
The introduction 1is structured by project areas, with the title of the
relevant report stated under the project area heading. The reports
themselves follow in the order of the project area headlings.

The commentary begins with a brief review of the program of work planned for
1989.



Planned Program for 1989

Hypersonic Combustion: Continue studies with a central injection
configuration, involving pitot and heat transfer surveys of the combustion
wake, and the effects of pressure, Mach number and duct cross sectlon.

Experiments on hypersonic combustion with orifice injection from the walls
were also requested.

Continue development of a heated hydrogen experimental rig.

Explore the effects of promoting mixing of a film cooling layer, in order to
encourage combustion, and continue the development of skin friction gauges.

Continue development of scaling studles experiments.

Drag Measurement: Use a drag balance to measure drag on a cone, as a prelude
to measurement of thrust.

Expansion Tube Studies: Continue theoretical studies of expansion tube
operation, seekling understanding of the operating limits imposed by flow
disturbances, and continue studles of methods for predicting test section
flow conditions.



SCRAMJET STUDIES

Investigation of a Supersonic Combustion Layer R.T. Casey and R.J. Stalker

This work is a fundamental study of the wake formed by mixing of an hydrogen
stream, issuing from the trailing edge of an injection strut, with the
surrounding highly supersonic air stream. A first attempt at measuring pitot
profiles in the wake was made in 1988 but proved unsuccessful because
unsatisfactory test flows were produced by the experimental apparatus. This
problem has now been overcome, and measurements of pitot pressure and
stagnation point heat transfer on small probes have been made in a flow at
M = 4.2, and a stagnation enthalpy of 9.4 MJ/kg.

Measurement of static pressure distributions on the wall of the duct
indicated that combustion was taking place, but this did not significantly
affect the pitot pressure profiles. With an injection slot width of 1.6 mm,
measurements taken up to 154 mm downstream of injectlon indicated that the
centreline pitot pressure changed very slowly with distance, indicating slow
mixing rates. No significant effects of combustion on the plitot pressure
were observed, even when a silane-hydrogen mixture was used as fuel.
Preliminary stagnation point heat transfer measurements are somewhat
equivocal at this stage, indicating that this may perhaps, be an effective
means of detecting combustion.

Wall Injected Scramjet Experiments C.P. Brescianini

Previous experiments had shown that, when hydrogen was injected in a film
cooling mode along one wall of a combustion duct, very effective surface
thermal protection was observed, but no significant downstream combustion
occurred until equivalence ratios rose to almost 2. Numerical analysls
indicated that this was because mixing between the hydrogen fuel and the air
was suppressed by the presence of the wall.

These experiments were aimed at promoting combustion by using ramp type
mixing protrusions, mounted on the surface downstream of injection. Although
a number of different test conditions and mixer configurations were studied,
no significant combustion effect was observed.

Supersonic Combustion with Transverse, Circular, Wall Jets

R.G. Morgan and R. Casey
A series of experiments was performed in a constant area duct with fuel
injected through orifices in the wall of the duct. The centreline of the
orifices was inclined at 30° with respect to the stream direction, and the
injection orifices and duct cross sectional dimensions were chosen to
maintain a 2:1 aspect ratio for the part of the duct cross section fuelled by
each orifice. The experiments were conducted at duct inlet flow Mach numbers
of 4.2 and 5.5 approximately.

It was found that substantial static pressure rises occurred in the duct when
fuel was injected, indicating that mixing and combustion was taking place.
The duct dimensions and operating conditions that supported combustion were
found to be the same as those for a central injection strut. This suggests
that, providing a configuration is chosen which promotes adequate mixing, the
presence of combustion may not be sensitive to the injection configuration.



Dissoclated Test Gas Effects on Scramjet Combustors R.G. Morgan

Free stream freezing of oxygen constitutes a major disadvantage of reflected
shock tunnels when operating at moderately high stagnation enthalples. This
is particularly important for combustion experiments, because the energy
invested in oxygen dissociation represents a very substantial effective
increase in the calorific value of the fuel. Some Iindication of the
seriousness of this effect, 1in practical terms, may be galined from
experiments on the same model to be conducted at G.A.S.L., using the
“Hypulse” expansion tube, and at The Unliversity of Queensland, using T4.

However, as a prelude to these experiments, the effect of oxygen depletion of
the test gas 1is explored. The aim 1s to compensate for the Iincreased
effective calorific value associated with oxygen freezing by reducing the
amount of oxygen in the test gas. In this investigation, one dimensional
computations of premixed reacting flows are used to examine the effects of
oxygen adjustment, as determined by a heat balance approach. The
calculations suggest that simulation of the flow in a combustor is possible
in the presence of free stream freezing by sultably adjusting the initial
oxygen concentration in the test gas.

Use of Silane as a Fuel Additive for Hypersonic Thrust Production

R.G. Morgan
The difficulties experienced in producing hypersonic combustion (reported in
previous grant reports) are thought to be assoclated with the low pressures
associated with hypersonic flow in the shock tunnel. One method of coping
with this is to raise the tunnel operating pressures, and the effects of
doing this are noted in later parts of this report. Another approach is to
add silane to the hydrogen fuel, and this is discussed in this section.

It was found that silane allowed combustion at much lower pressures than with
hydrogen alone, and may offer a means of extending combustion studies to the
Mach numbers of 7 or 8 associated with very high velocity propulsion.

The experiments were conducted under test conditions such that the nozzle
stagnation pressure decayed by 15% during the test period, and the effect of
pressure decay on the thrust measurements in the nozzle 1ls discussed. A
control volume approach is used, and it 1is argued that decay in test
conditions has negligible influence on thrust increment measurements 1i.e.
fuel-on minus fuel-off valves. A different approach is to use the Hypersonic
Equivalence Principle in interpreting results in a decaying pressure state -
this yields the same result.

Pressure-Length Correlations in Supersonic Combustion

P.A. Jacobs and R.J. Stalker
This is the first test in what is intended to be a study of scaling effects
in scramjet combustors. This is to be an investigation involving three
models, of differing scales, and the present results were obtained in the
largest of the three models. The results of this test show that the
combustor duct is long enough to produce a significant combustion pressure
rise (approximately 35%) at static pressures of approximately 30 kPa. This
is low enough to permit much higher pressures with smaller models. indicating
that the range of pressures avallable can be expected to be sufficient to
allow a meaningful study to be undertaken.




Hot Hydrogen Injection Technique for Shock Tunnels M. Wendt

A safe, pulsed method of heating hydrogen for heated fuel injection studies
is required. A small gun tunnel is being constructed for thls purpose. It
will be mounted in the dump tank of the shock tunnel and the hot, high
pressure sample of hydrogen which is created by the compresslion process will
be fed directly to the fuel injector assembly in the scramjet.

Heat Release - Wave Interaction Phenomena in Hypersonic Flows N.R. Ward

The management of the wave interactions caused by combustion in a hypersonic
duct is expected to be a long term problem in high veloclity scramjet
propulsion. As a fundamental study of this effect, it 1is planned to perform
experiments with simple duct flows with dissociated nitrogen test gas. The
dissociated nitrogen 1s produced by the shock tunnel nozzle flow and, in
recombining, exhibits heat release characteristics which are not unlike a
burning hydrogen/air mixture. Observation of the waves produced by the
recombination process, using differential interferometry, 1s to be used to
investigate thrust losses caused by wave mismatching.

A Study of the Wave Drag in Hypersonic Scramjets Nesrin Akman

Previous analytical investigations, using small perturbations theory, have
shown that the effects of wave drag in a two dimensional combustion duct can
be demonstrated by converting a Busemann Biplane to a Busemann Scramjet
through the agency of heat addition. This study carries this approach into
the region where the wave interactions are not linear, by simulating the flow
numerically.

Progress to date has indicated that matching the duct to the wave patterns
involves balancing a number of effects if it is to be done accurately.
However with the approximate matching which has been achieved so far, the
variation of drag with Mach number for a non~1linear Busemann Biplane has been
studied, and is seen to exhibit maxima and minima which are
qualitatively the same as 1n linearized theory.

Parametric Study of Thrust Production in the Two Dimensional Scramjet

G.A. Allen Jr.
The process of thrust production in the expansion nozzle of a scramjet
involves interaction between the Mach number distribution in the combustion
wake produced by the combustion chamber processes, and the expansion waves
generated by the walls of the thrust nozzle.

This process is investigated here using the method of characteristics in a
numerical simulation. A simple two dimensional configuration is considered,
and the effects of varying parameters such as thrust surface angle and
combustion wake Mach number distribution are considered.

The Design of a Mass Spectrometer for use in Hypersonic Impulse Facilities

K. Skinner
In order to measure species concentrations in combustion flows, a mass
spectrometer 1is being developed. This is to use "time-of-flight" mass
discrimination, and 1s expected to allow a number of scans of the mass
spectrum at a point in the flow during each tunnel test.




Shock Tunnel Drag Measurement S.L. Tuttle and J.M. Simmons

The initial work by Sanderson and Simmons is belng extended to drag
measurement on .a slender cone, with a 5° semi-vertex angle. This involves a
cone approximately 400 mm long, and leads to much greater problems with
signal to noise ratio than the initial work. Some preliminary results are
presented, indicating that accuracies achieved 1n the earlier work have not
yet been achieved with this more difficult model.

Development of a Skin Friction Gauge for use in an Impulse Facility

Gabrielle Kelly
This work is proceeding, mainly by meeting a serles of difficulties and
evolving methods of overcoming them. At this stage, measurements which
appear to be skin friction signals are being obtained, and further refinement
is expected to produce a working gauge.

SHOCK TUNNEL STUDIES

Hypervelocity Flow in Axisymmetiric Nozzles P.A. Jacobs and R.J. Stalker

In developing a set of meaningful scaling experiments, it has been found
necessary to design and manufacture shock tunnel nozzles for a range of Mach
numbers and sizes. This has provided an opportunity to compare the quality
of test flow produced by these nozzles.

The Mach number range of the nozzles was from 4.0 to 10. The M = 4 nozzle
produced a nearly uniform and parallel flow, according to design
requirements. However, the M = 10 nozzle was found to be much more
susceptible to boundary layer effects. In fact, when operating at enthalples
approaching 30 MJ/kg, with a nozzle stagnation pressure of only 20 MPa (both
conditions which tend to produce thick nozzle boundary layers) it was found
that steady flow could not be established during the test time. Whilst this
situation could be rectified for this nozzle by ralsing the nozzle stagnation
pressure, it suggests that it may be difficult to operate axisymmetric
nozzles at significantly higher Mach numbers.

Shock Tunnel Development (Supplementary Project) R.J. Stalker and R.G. Morgan

Raising operating test section pressure levels can be done by raising the
main diaphragm burst pressure and the driven gas volumetric compression ratio
in a range of combinations. The trade off involved in these combinatlons is
discussed.

Hypersonic combustion of hydrogen and ethane is demonstrated. This is made
possible by the increased operating pressure levels.

Real Gas Effects in Hypervelocity Flows over an Inclined Cone R.M. Krek

This study has three purposes. It is complementary to the study of drag
forces, in that it reveals aspects of pressure measurement which need to be
understood if pressure drag is to be calculated accurately. It is a study of
the type of flow which is likely to characterize the forebody of a scramjet
vehicle at high Mach number. It also constitutes a reasonably careful set of
measurements, aimed at validating a 3-D c.f.d. code which, hopefully, may
eventually be applied to scramjet flows.



EXPANSION TUBE STUDIES

Investigation of Flow Characteristics in TQ Expansion Tube A. Neely

This project is almed at predicting the test section flows generated by amn
expansion tube. From the point of view of scramjet testing, the presence of
dissociated oxygen is particularly important, and a ready means of estimating
the conditions under which this occurs is needed. The work reported here is
a record of an attempt to generate a theory which will readily predict test
section compositions when dissoclation fractions are low. It is being
conducted in parallel with an experimental program, involving both air and
argon (because of its theoretical simplicity) as test gas.

Disturbances in the Driver Gas of a Shock Tube A. Paull and R.J. Stalker

This 1s a continuation of a study aimed at understanding the source of the
disturbances on the pitot pressure which 1limit the range of operating
conditions of expansion tubes.

It was previously postulated that, over a substantialw;&ange of potential
operating conditions, these disturbances were assoclated, inclusions of driver
gas in the test gas. In order to test this hypothesis, a differential laser
interferometer was used to observe variations in the Integral of test gas
density across the tube as the flow passed a given station. The varlations
observed were much smaller than those expected, casting considerable doubt on
the "bubbles”™ theory.

Therefore a new approach was taken. This involved the recognition that the
pitot pressure disturbances observed in expansion tube operation may have
originated in the shock driver (possibly from disturbances generated at
diaphragm rupture), before being transmitted into the shock tube test gas
sample prior to its processing in the acceleration tube expansion.

The acoustic disturbance modes which are compatible with the boundary
conditions applying the shock tube are analysed,and attention is focused on
longitudinal waves, and a first order lateral wave. The structure of the
flow in the shock tube driver gas is analysed and it is argued that, under
these conditions, the observed pitot pressure fluctuations are evidence of
the dominance of the lateral wave. This is consistent with the fallure to
observe strong disturbances in the laser interferometer experiments.

This work will continue, with a view to studying the way in which the lateral
waves penetrate the driver gas-test gas interface, and traverse the
acceleration tube expansion, Into the test region.



INVESTIGATION OF A SUPERSONIC COMBUSTION LAYER
by
R. T. Casey and R. J. Stalker

In 198% a set of experimentis were conducted in the T4 free piston shock
tunnel which sought to investigate the deveiopment and mixing of a combustion
region in a scramjet duct. The ambient Mach number and enthalpy were 4 and
g.4 MJ/kg respectively. A table of the other flow conditions is given in
table 1l.Hvdrogen was injected into the flow from a 2-D slot type injector
parallel to the free stream flow but at a siower velocity. The nominal
equivalence ratio for the experiments was i. A pitot rake and a heat transfer
rake were used (o measure the pitot pressure and heat transfer rate
respectively. The rake was moved to various downstream positions in order to
monitor the development of the pitot pressure and heat transfer within the
mixing region at various downsiream positions. wall static pressure
measurements were aiso taken. A schematic diagram of the experimental set up

is given in figure 2.1.

For each downstream position the rake was moved to, a set of three shots
were fired. For the first hydrogen was injected into an ambient
airflow,{termed fuel on). For the second shot, hydrogen was injected into an
ambient nitrogen flow (termed fuel into nitrogeni and for the third shot, no
fuel was injected into an ambient airfiow (termed fuel off}. Comparison of
the wall static pressure measurements for the fuel on and the fuel into
nitrogen shots showed an increase in wall static pressure for the fuel on
case thus confirming the presence of combustion. Comparison of the pitot
pressure and heat transfer measurements between the fuel on and fuel into
nitrogen shots served as & useful means of separating mixing effects and

combustion enhanced mixing effects.

Figures 2 and 3 each show the pitot pressure measurements taken for the
fuel on, fuei off and fuel into nitrogen shots for the case of the rake being
31 mm and 8imm downstream from the exit piane of the injector respectively.
Several observations of these plots are as follows:

1)The decay of cenire line pitot pressure to its free
stream vaiu= is very slow indicating that mixing is very weak,
2)vVariations between the fuel on, fuel off and fuel into

nitrogen profiles is very small for both the 3lmm and the 8lmm downstream



cases. This suggests that combustion is having little effect on the mixing of
hydrogen and air streams
3)A degree of asymmetry exists in the pitot pressure

profile.

Nitrogen was injected into quiescent air of ambient temperature and
pressure of 40 kpa. The pitot rake was moved to a position 5imm downstream of
the injector exit and pitot pressures were measured for this condition. The
pitot rake was then adjusted up half the pitch of the transducer spacing to
increase the resolution of the pitot measurements. Again, nitrogen was
injected intc quiescent air. The results of the two shots is shown in figure
4. From this figure, it can be seen, that the injector does not inject the
fluid symmetrically about the cenire line. This effect explains the asyvmmetry

of the pitot pressure measuremells of figures 2 and 4.

Figure 3 gives a compariscn of two pitot pressure profiies. The Tfirst
was taken from a shotl where hydrogen was injected intc the »ach 4 air siream
and the other a 20% silane 80% hvdrogen mixture was injecied. it was expected
that with the addition of silane, the second case wouid produce improved
combustion and this in turn would produce improved mixing. However, littie
difference can be seen between the hydrogen injection case and the

silane/hyvdrogen injection case.

The signais recorded from the heat transfer transducers were digitaliy
integrated. The value obtained from the fuel on shots and fuel into nitrogen
shots were normalized against the value obtained from the fuel off shot.
Since the fuei is injected at a cold temperature {approximately i50 ki then
this normaiized value of heat transfer is expected to be less than unity when
ciose to the fuei jet. when this normalized heat transfer vaiue is higher for
the fuel on case than for the fuel off case, then it can be taken that the
heat reiease of combustion accounts for this rise. Six of the ten heal
transfer gauges used suffered constant malfunctions after each shot and so no
data was co:lected from these. Consequently heat transfer data from this set
of experiments is sparse. Jable Z gives heat transfer data for the case of
the pitot rake being 154mm cownstream of the injector exit piane. The
distances guoted at the top of the table are distances from the centre line
of the duct. From this table , it can be seen that -19mm away from the centire
iine the normalized heat transfer value for the fuel into nitrogen case is

higher than for the fuel into air case. This is thought to be a boundary



layer effect.

It is intended for this year to conduct further experiments in this

area. The mach number will be varied, up to Mach 3 and the resolution for

each pitot profile will be increased.
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CONDITIONS FREESTREAM HYDROGEN
Stagnation Enthalpy 9.4 Mj/kg
Stagnation Pressure 13 Mpa

0.063 kg/m’

0.081 kg/m’

Density
Velocity 3531 m/s 2400 m/s
Mach Number 4.2
Static Pressure 36 kPa 36 kPa
Temperature 1933 K 124 K
Table 1 Experimental conditions
DISTANCE FROM -19 mm -8 mm -2.5 mm 14 mm
CENTRE LINE
NORMALI1ZED HEAT 1.202 0.873 0.476 0.979
TRANSFER
Hz <> N2
NORMALIZED HEAT 1.035 1.125 0.425 1.420
TRANSFER
H_ =+ AIR
2
Table 2 Heat transfer values measured 154 mm downstream

from the injector exit

11
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WALL INJECTED SCRAMJET EXPERIMENTS
C. P. Brescianini

A series of two-dimensional wall injected scramjet experiments,
performed in the T3 shock tunnel, have been reported previously by Morgan
et. a1.1’2 Subsequent numerical simulation of some of these experiments,
by Brescianini and Morgans. have indicated that combustion was being
limited mainly by the fuel/air mixing rates. As a continuation of this
earlier work a series of experiments were devised to be performed in the
newer T4 shock tunnel at the University of Queensland. The aim of the
experiments was to reproduce shock tunnel conditions similar to those
experienced in T3, and also to see if fuel/ air mixing could be enhanced
by the addition of "mixers" to the wall of the model.

The experiments were based around the same wall injected scramjet
model used in the previous T3 experiments. The scramjet was configured as
a constant area duct, with a tangental wall injector, for all of the
experiments. Three nominal stagnation enthalpy conditions, namely 8.8,
6.6 and 3.8 MJ/kg, were chosen to match as closely as possible the
stagnation enthalpy conditions used previously in T3. These three nominal
enthalpies were taken from a table of standard T4 shock tunnel operating
conditions. The actual experimental stagnation enthalpy was a function of
the stagnation pressure at the chosen test time. 2 mm steel diaphragms
were chosen for the compression tube/ shock tube junction to keep overall
pressures relatively low. This was desired so that less strain was placed
upon the compression tube driver, )

The only shock tunnel
nozzle available during the experiments was the nominally Mach 5 nozzle.
To make a more direct comparison with the previous T3 experiments, which
were performed at Mach 3.5, it was necessary to pass the flow through
oblique shocks, created by 10° wedges, located upstream of the inlet to
the scramjet model (See Fig. 1). The Mach number at the inlet to the
model was estimated to be approximately 3.8, although the actual value
was stagnation enthalpy dependant.

The experimental results to date consist of approximately 28 shock
tunnel runs in T4, using hydrogen, helium, silane and ethane, injected
over a range of injection pressures. The experiments were supplemented by

a further 27 shots using the 4 hump or single hump mixers shown in

15



Fig. 2. The 4 hump mixer is only of a simple, preliminary design, with
the intention of enhancing the fuel/air mixing rate. The mixer has a
disadvantage iq that the flow created by the mixer no longer remalns
two-dimensional, making numerical analysis of the results more difficult.
Shock waves off the front of the humps will also produce pressure rises
which may increase combustion, even if the mixing is not improved. The
single hump mixer was devised in an effort to distinguish between these
two effects (1.e. pressure and mixing) as no significant mixing
enhancement was expected with the single hump. The flow with the single
hump mixer remains two-dimensional allowing easier analysis of data.
Experimental data consists malnly of static pressure measurements
along the top and lower walls of the model, and a few heat transfer
measurements. The experimental data is currently being analyzed, however,
an example of the preliminary results can be seen in figure 3. The figure
shows static pressure along the lower surface of the model (i.e. the
surface containing the wall injector), normalized by the shock tube
stagnation pressure, at an v"absolute" time of S ms, or approximately 1.5
ms after incident shock reflection in the shock tube. The free stream
test gas consists of air at a nominal stagnation enthalpy of 8.8 MJ/kg.
The figure compares a run when hydrogen fuel was injected (RUN 709 ,
Po:m= 200 kPa) with a similar run when no fuel was injected (RUN 712 ,

POJE= 0 kPa). There is a noticeable, but small, difference between the
fuel on and fuel off pressure traces for this low injJection pressure
case. Also shown on the figure lis the result when the 4 hump mixer is
added to the lower wall, downstream of the injector (RUN 759 , POJE= 200
kPa). Unlike the result without the mixer, a significant pressure rise
can be observed at the downstream end of the duct. This data will have to
be looked at in the context of other experimental (and numerical) results
before a definite conclusion can be drawn as to whether this is a genuine
improved mixing effect, or whether it is due to shock waves (or both).
Unfortunately the single hump mixer was not tried at a similar hydrogen
injection pressure in order to make a comparison with the above results.
Experimental work on the wall injected scramjet configuration will
continue into 1990. During the year it is hoped that a new mixer design
will be tested, along with some perpendicular injection experiments. The
T4 shock tunnel is now also equipped with a Mach 4 nozzle, which will do
away with the need for the wedges placed in front of the inlet to the

model.
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ABSTRACT

A series of experiments are reported using inclined circular wall jets in
rectangular scramjet combustion chambers configured as constant area ducts. A
Free Piston shock tunnel was used to create inlet flow Mach numbers between 4.2
and 5.5, at enthalpies corresponding to flight speeds of between 3.5 and 5.3 kn/s
Measurements of duct static pressure levels indicated that significant mixing
and combustion was achieved. Using hydrogen as a fuel, it was found that multi-

point injection from two sides of the duct gave a larger, and more rapid pressure
rise.

In hypersonic flow it was found that combustion only occurred for the duct

dimensions and operating conditions that support combustion with central
injection from a 2 dimensional strut.
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1.0 INTRODUCTION

To achieve efficient combustion in an air breathing combustor, mixing must take
place on a scale varying from the molecular, to a characteristic duct dimension.
In a tvo dimensional flow situation the mixing layer must propagate from the

injection point to the duct walls, or to a plane of symmetry if multi layer
injection is used, Figure 1.

In this instance, the primary requirement is to allow adequate axial length in
the combustion chamber for the mixing layer to speed across the duct. Because
of the 2 dimensional nature of the flow, the transverse length scale is decoupled

and, except for the edge effects, the inlet aspect ratio is not a consideration.

Hovever, in a flight configuration it may be necessary to depart from 2
dimensional flows. Central, parallel injection has been shown to be effective
in supersonic flow, (reference 1), but there are likely to be structural problenms
with struts spanning the flow in real flight. Two dimensional injection has been
used from a wall, with both parallel an transverse components, (reference 2),
but the results vere not very promising. In particular, as the combustion
chamber mach pumber increases, the rate of spread of a two dimensional mixing

layer is known to decrease, (reference 3).

Mixing may in principle be enhanced by using 3 dimensional configurations which
allow the fuel jet to penetrate into the free stream flow. For instance, a

circular jet as shown in Figure 2 may have sufficient momentum normal to the flow

direction to carry fuel right across the duct.

However, the fact that injection i{s now from discrete stations, rather than as
a continuous sheet means that the jet has an extra dimension to spread in, and

that the mixing will be a more complicated process.

For purposes of analysis it is convenient to treat the combustion chamber as a
mmber of cells, each centered on a circular jet. Apart from differing boundary
conditions, i.e. valls as opposed to planes of symmetry, the cells are considered
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to be identical with respect to the major features of the flow.

Intuitively, it would seem that the overall length icale of the cells, and the
aspect ratio would be important parameters for this sort of injection. The
length scale determines the total cross flow distance over which the fuel has
to be transported, and the aspect ratio gives a measure of the relative
w tha twe Tomsverse dmemslons
propagation, Work performed at the NASA Langley Research Center, (reference 4),
has indicated that a width to height ratio of 2:1 may be optimal for achieving
good mixing throughout the cell. This shape is consistant with the assumption

that the primary mechanism for large scale mixing is the formation of circular
vortices on both sides of the fuel jet.

The experiments reported in this paper were designed to test the effectiveness

of the injection concept in both supersonic and hypersonic flows.

2.0 APPARATUS

The facility used for the tests reported here was the Free Piston shock tunnel,
T4 at the University of Queensland, (reference 5). The model used vas a constant
area duct, Figure 3 configured for single or two point injection from one, or
both sides of the duct. The duct could be configured with an intake cross
section with nominal dimensions 25 mm high by 50 mm wide, or 50 mm square.

From Figure &4 it can be seen that 3 basic configurations are available which
preserve the 2:1 aspect ratio.

Comparisons between configurations A and B, Figure 4 involve a change of length
scale, and boundary conditions, as 2 walls are replaced by a plane of symmetry.
Comparisons between configurations A and C involve only a change in boundary
conditions, as one wall is replaced by a plane of symmetry.

Using the same apparatus it is evidently possible to produce for comparison other
intake aspect ratios, Figure 5. Not all available configurations were tested.
Injection was through sonic throats, inclined at 30° to the flow direction and
flush with the wall surface, Figure 6. The fuel vas supplied from a Ludweig tube
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reservoir, (reference 6), with equivalence ratio being controlled by the
reservoir pressure. Vhen comparing single and multipoint injection, 1i.e.
configurations A .and B Figure 4, the total throat area was maintained constant.
This was done so that the primary jet paraneters of dynamic pressure ratio, mach

nuzber and temperature would be conserved at a given equivalence ratio.

In calculating the fuel jet flow properties, it was assumed that the injectant

expands isentropicaly from the throat conditions to the free stream static

pressure level.
3.0 RESULTS

In table 1 a manifest of the runs performed in this series of tests is presented.
The characteristic dimension chosen to categorize the cell sizes is the diagonal.
Note that this refers not to the external duct geometry but to the size of the
similar interval units which the injection pattern creates Figure 4. In table
2 a summary of the test conditions is glven.

The first test was primarily to determine {f combustion would occur at all, and
configuration A, Figure 4 vas used. The results are displayed for an enthalpy
of 6 mj/kg in Figure 7, as a plot of static pressure against distance down the
duct. The static pressure levels are normalized by the shock tube stagnation
pressure to compensate for minor variations between runs. An indication of
combustion was given by comparing the relative pressure rises produced by

injecting fuel into air, and fuel into a flowv of nitrogen at the same conditions.

At this stage, a problem of interpreting the results of 3D flow data becomes
apparent. In 2D flow a single static pressure monitoring point is adequate to
fully define the wall static pressure at any axial location.

To do the same thing in a flow where the pressure may vary in any of 3 dimensions
requires a 2 dimensional array of pressure transducers for all surfaces of
interest. Such instrumentation was beyond the scope of the present series of
experiments, and the pressure monitoring points were mainly located on the center

line. This introduces the possibility that the pressure at the point chosen for
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the measursment might be significantly different than the average wall static
pressure at the axial location. This data should therefore be interpreted with
care, especially when trying to compare the efficiency of different injection
configurations which produce different cross flow pressure profiles.

Some indication of the order of the transverse pressure changes which apply 1is
given by the 2 transducers mounted 335 mm from the intake. One of thea is on
the centerline, and the other is offset. A difference in pressure was sometimes
measured by these transducers, as seen for instance in the injection into
nitrogen data in Figure 7. Transverse pressure gradients in supersonic flow
create a wave pattern, the overall effect of which is to reduce the pressure
difference. The data was obtained in a duct with a length to height ratio of
30, and a length to width ratio of 15. This would allow for multiple reflection
of vaves within the duct, so that a local perturbation to the transverse pressure
profile would mot be maintained throughout the length of the duct. 1In Figure
7 it is seen that the increased pressure measured when injecting fuel into air,
as opposed to nitrogen, is sustained over a substantial length of the duct. This
1s taken as evidence of a genuine combustion effect, rather than an accident of

transducer location in a complicated flow field.

Another indication that transverse pressure gradients, in either direction, are
not unduely distorting the measurements is given in Figure 8. Pressure
measurements were taken on the top and bottom surfaces simultaneously, and are
represented by the symbols + and X, vithout lines. The axial development of

pressure with distance is seen to be sensibly the same on both sides of the duct.

Using the same configuration, the tests wvere repeated at tvo different stagnation
enthalpies. The results, presented in Figure 9, show no significant temperature
dependency. This is surprising, as the static temperature levels wvere varied
between 1200 and 3075k, over which range a significant change in combustion heat
release would be expected. The injection conditions for the 3 different
enthalpies are included in table 1A, and are seen to be similar in jet mach
number and dynamic pressure ratio.

The model was then re-configured as shown in Figure 4B, in order to investigate
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the effects of varying the length scale of the mixing cells, but maintaining the
2:1 aspect ratio. In Figure 8 a comparison is shown at an enthalpy of 6imj/kg
and an oquivalenée ratio of approximately 1 of the effect of the cell size. It
{s seen that a significantly {ncreased pressure rise occurred with smaller cells.
This is an intuitively sensible result, as the large scale eddies have to decay

over a smaller range before molecular mixing is complete.

Fuel was again injected into nitrogen test gas to confirm that the pressure rise
was copbustion induced. In Figure 10, the fuel into nitrogen profiles for both
configurations are shown. It is seen that without reactions, the presence for

4 inert jets does not significantly after the duct static pressure levels.

This configuration was also tested at 13.9 mj/kg, Figure 11 and it was again seen
to give larger pressure rise than the single jets. However, once again it was
noted that the pressure profiles vere not strongly temperature sensitive, (Figure
12). Combustion of a given fraction of the fuel would be expected to generate
a larger pressure rise in the low enthalpy, cold test gas. The fact that this
effect was not observed suggests that either more fuel was burned in the high

enthalpy flow, or that for some reason the heat release was enhanced.

The dissociated test gas at the higher enthalpies provides a possible sechanisa
for extra heat release due to the heat of formation of oxygen molecules. When
combustion is from atomic rather than molecular oxygen the effective heat of
combustion is increased. However, this would be in contradiction to previous
results in a supersonic constant area duct using two dimensional in] ection, vhere
the pressure rise was lover at the higher enthalpies.

The model was then reconfigured as a 50x50 mm® duct with injection from single
holes on the top and bottom surfaces, as shown in Figure 4C. The aspect ratio
of 2:1 was preserved, the purpose of the tests was to investigate the effects
of changing the boundary condition from a wall to an axis of symmetry.
Unfortunately, the model was assembled with nozzles of a smaller ares than vas
used for the 25x50 an? duct tests in Table 1A. This meant that it was not
possible to use the same jet conditions to match equivalence ratios for the 2

tests. It was chosen to keep the same injection parameters and to reduce the
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equilvalence ratio to nominally 0.5. The results of the two configurations are

therefore not directly comparable, but useful data was nevertheless obtained.

The runs performed in this configuration are tabulated in Table 1C. The results
are summarized in Figure 13, plotted in the form of pressure difference between
injection into air and injection into nitrogen. The smaller duct, with each
injection cell enclosed by four walls was seen to give a lower pressure rise
downstream in the duct than the larger two cell configuration. However, the
difference in the pressure rises is roughly in proportion to the equivalence

ratios, and it is tentatively concluded that the changing boundary condition did
not leave a major impact on the flow.

The model was then reconfigured with a single jet as shown in Figure 5C, giving
s square aspect ratio in a 50x50 mm? duct. The runs for this geometry were done
with the mach 4 nozzle as tabulated in Table 1D. The equivalence ratio was set

at 0.5, and the total nozzle area was unchanged so that a direct comparison with
the results of Table 1C could be made.

The results of these tests are shown in Figure 16, in the form of the pressure
differentials between injecting fuel into air and into nitrogen test gases. The
shape of the surface pressure profiles is evidently different in the two cases,
but the overall pressure levels were similar. On the basis of this single

comparison, it would be premature to make any conclusions as to the relative
efficiencies of the two aspects ratios.

The next series of tests were performed using the hypersonic M5 contoured nozzle
to evaluate the circular jets in a hypersonic flow field. The model was
configured as in Figure 4B, which had been found the most effective for the
supersonic flow. The runs performed in this mode are listed in Table 1E.

The results of these tests are shown in Figure 14. A substantial pressure rise
wvas measured when injecting fuel into air, indicating that circular wall jets
may be an effective injection technique in a hypersonic duct. This is similar
to the results reported in reference 7, where with central injection it was

concluded that the compressive effects of the wall boundary layers were required
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to initiate combustion.

Vhen the duct \n; subsequently enlarged to a 50x50 mm? section combustion could
no longer be sustained. The dashed line in Figure 14 indicates the theoretical
fuel off pressure level in the absence of boundary layers, and the duct pressure
{s seen to be much higher than this.

The circular jet model vas therefore set up as a 50x50 mo? duct to see if the
same effect reported in reference 7 would be observed. The configuration of

Figure 4C vas used, and the runs are listed in Table 1F.

The results are shown in Figure 15, and it is seen that no combustion was
evident.

4.0 CONCLUSIONS

The results show that 13 wall injection through inclined circular jets can be
effective in supersonic and hypersonic combustion chambers. Most of the tests
were performed with mixing cells having a width to height aspect ratio of 2:1.
Duct static pressure levels rose higher, and more rapidly when the transverse
length scale of the mixing cells was reduced.

Preliminary tests indicated that the mixing cell dimensions are the primary
parameters governing mixing and combustion, when the injection conditions were
maintained constant. Replacing wall boundary conditions with planes of symmetry
did not appear to have a major influence on performance in supersonic flow
although this test was not rigorous, as injection parameters vere changed at the
same time. This result, if confirmed, is significant in that combustion chambers
could be designed with multiple {nternal cells, centered on wall jets, based on
the results of scale testing of a single cell. A single comparison vhere the

mixing cell aspect ratio was changed to 1:1 did mnot show a significant
difference.

In hypersonic flow the wall jets were found to produce copbustion where it had
previously been observed with central injection. The range of conditions vhere
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cosbustion was sustainable in hypersonic flov was not extended by the use of the
wvall jets.

The axial pressure profiles were found to be largely independent of duct static
temperature, and this is not understood at present.
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IABLE 1. RUN MANIFEST

A. 50x25 mm® Duct, Single Injector Diameter 7mm, Configuration Fig. &A,

Mach 4 Nozzle,

Run Number Hs (m]/kg) ¢ L1} PR MJ pU 2/ pul
1380 6.1 0 2150 2.38 0.29
1381 6.1 1 2150 2.38 0.29
1382 6.1(N2) - 2150 2.38 0.29
1385 6.1 0.8 208 S,H,/H, mixture
1383 9.1 1 2072 2.2 0.32
1384 13.9 1 1990 2.04 0.31

B. 50x25 mm? Duct, & Injectors Diameter 3.45 mm, Configuration Fig. 4B,

Mach 4 Nozzle

Run Number Hs (=) /kg) ¢ U3 (/) M)
1386 6.1 1 2150 2.38
1388 6.1(N2) - 2150 2.38
1389 13.9 - 1960 1.98
1391 13.9(N2) - 1960 1.98
1392 13.9 0
1383 9.1 1 2072 2.2
1384 13.9 1 1990 2.04

C. 50x50 mm? Duct, 2 Injectors Diameter S sm, Configuration Fig. 4C,

Mach 4 Nozzle

Run Number Hs (m] /kg) ¢ UJ (ar0) Mj
1399 6.1 0.5 2210 2.53
1400 6.1(N2) - 2130 2.33
1401 6.1 0

D. 50x50 mm? Duct, 1 Injector Diameter 7 ma, Configuration Fig. 3C,

Mach 4 Nozzle

Run Number Hs(mj/kg) ¢ Ui (are) MNj
1403 6.1 0.5 2170 2.43
1400 6.1(N2) - 2170 2.43
1401 6.1 0
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U2/ pu
0.29
0.29
0.301
0.301

0.32
0.31

PJUJZ/PUZ
0.33
0.315
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0.32
0.32

Mc
0.782
0.782
0.782

0.97
1.25

Mc
0.782
0.782
1.25
1.25
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1.25
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0.76
0.79
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D. 50x50 ma® Duct, 1 Injector Diameter 7 mm, Configuration Fig. 5C,

Mach &4 Nozzle

Run Number Hs(m}/kg) ¢ UJ (ase) M
1403 6.1 0.5 2170 2.43
1400 6.1(N2) - 2170 2.43
1401 6.1 0

E. 5S0x25 mm? Duct, & Injectors Diameter 3.45 mm, Configuration Fig. 4B,

Mach 5 Nozzle

Run Number Hs (mj/kg) ¢ UJ (are) M)
1394 8.4 1 2290 2.74
1395 8.4(N2) - 2290 2.74
1396 8.4 0

F. 50x50 mm? Duct, 2 Injectors Diameter 5 mm, Configuration Fig. 4C,

Mach 5 Nozzle

Run Number Hs (i /kg) ¢ U (mred Mj
1397 8.4 0.5 2290 2.74
1398 8.4(N2) - 2290 2.74
1396 8.4 0

IABLE 2 TEST CONDITIONS

A. Nominal Mach & Nozzle

Flight Speed Hsgn, P(kpa) T(K) Uy, plke/a’)
Km/s

3.5 6.1 71 1200 3110 0.2
4.3 9.1 97 2025 3520 0.165
5.3 13.9 109 3075 4120 0.1168

B. Nominal Mach 5 Nozzle

Flight Speed Hsgyn, P(kpa) T(k) Uy, plke/n®)
Km/s

4.1 8.4 20.5 1160 3700 .0609
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“DISSOCIATED TEST GAS, EFFECTS ON SCRAMJET COMBUSTORS"

R.G. Morgan, Mechanical Engineering, The University of Queensland

ABSTRACT

The problem of the dissociated test gas produced by reflected shock
tunnels is addressed as it relates to heat release 1In supersonic
combustors. When hydrogen burns with dissociated oxygen atoms, the
heat of formation of the oxygen adds to the normal enthalpy of
combustion. It is proposed that this effect be compensated for by
reducing the oxygen concentration of the test gas. A procedure for
doing this is presented based on a simple heat balance approach. One
dimensional computations of premixed reacting flow are used to support
the calculations. It is suggested that direct simulation of the flow
in a combustor is achieved if the oxygen adjustment is made.

NOTATION

a mass fraction of total oxygen in the form of O atoms
ay " " - " oo " NO molecules
¢ equivalence ratio

¢'= ¢for ¢ <1, = 1 for ¢ > 1

h, heat of combustion of H2 from 02 (90 M}/kg H2)

h; heat of formation of 0 atoms from 02 (15.7 Mj/kg)

h, heat of formation of NO Molecules from N2 + 02 (2.93 Mj/kg)
hy heat release per of combustion products

02 mass fraction 02

0 mass fraction O

N2 mass fraction N2

NO nmass fraction NO

X mass fraction total O content

X, mass fraction total content in "ideal® air

P static pressure

u velocity

P density

T temperature

M Mach No.

H, stagnation enthalpy



INTRODUCTION

Wind tunnel facilities have traditionally had a dual role as a tool for
the investigation of Aerodynamics phenomena. Firstly they may be used
to study fundamental physlcal processes, using models which may not
necessarily relate directly to flight configurations. Secondly, they
may be used for the testing of models where the results may be used
directly, with appropriate scaling laws, to indicate the performance of
flight hardware. Since the advent of high speed computers wind tunnels
have increasingly been used for the validification of computer codes
rather than for direct simulation. This application may be sald to
combine the two roles mentioned above, with the code being vallidated
using contrived models, but subsequently being applied to real flight
configurations.

In recent times some doubt has been expressed as to the value and
usefulness of the direct simulation role of high speed wind tunnels.
This particularly relates to hypersonic combustion where the
dissociated test gas produced by ground facilities leads to changes in
chemical kinetics and an increase in the effective enthalpy of
combustion. It is the contention of this paper that these problems can
be adequately addressed, and that direct simulation is stlll necessary
given the current status of numerical and analytical understanding.

The test flow in a reflected shock tunnel is created by means of a
steady expansion from the stagnation region in the shock tube. The gas
in the stagnation region is approximately in a condition of equilibrium
composition due to the high density levels and the low velocity. At
the stagnation enthalpies corresponding to high flight speeds, the
stagnation temperatures are such that significant dissociation occurs
to the nitrogen and oxygen molecules. As the flow starts to travel
down the expansion nozzle, the temperature drops and the equilibrium
composition shifts towards a reduced dissoclated content. However, due
to the high particle velocities and lower density in the nozzle,
reaction rates may in some circumstances be inadequate to maintain
equilibrium composition. The test gas at the nozzle exit will
therefore have a frozen content of dissociated radicals created in the

stagnation region. The higher the stagnation enthalpy, the higher will
be the concentration of dissocliated gas.

The presence of the dissociated components may effect the flow in
several ways. Some of the stagnation enthalpy will be stored as the
atomic heat of formation, and will not be converted directly to thermal
or kinetic energy. It is important, when comparing the results of
shock tunnel tests with real flight, or with other tunnels which do
not produce dissociated air, to match the total enthalpy including
thermal, chemical and kinetic components. If the flow is subsequently
processed by a strong shock, then the increased pressure and density
levels lead to rapid reaction rates and the establishment of near
equilibrium conditions, with the recovery of the heat of formation.
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Wwhen the flow. is subsequently expanded around the body, it will be
insensitive to the gas condition upstream of the shock. In these
circumstances very little difference will be observed between shock
tunnel tests and tests on an {deal wind tunnel producing undissoclated
test gas.

For the purposes of aerodynamic testing, Mach number independence
applies for flows behind a strong shock, and matching of the total
enthalpy has been shown to gilve good simulation of flight conditlons.
However for shock tunnel testing of scramjets the situation is slightly
different. The flow is never processed by a strong shock, and non
equilibrium gas composition persists throughout the duct.

The presence of free stream oxygen atoms may have a significant effect
on combustion and it has to be examined closely. There are three main
mechanisms by which the free stream oxygen atoms may be seen to enhance
combustion, and influence comparisons made between shock tunnel
experiments and real flight.

(1) Combustion heat release. When combustion is from the atomic

oxygen form, the heat of formation is added to the combustion
heat release. This increases the net energy release from
approximately 90 Mj to 215 Mj per kg of hydrogen burned.
This is clearly a substantial increase, and relatively small
oxygen dissociation fractions may be significant.

(i1) Ignition delay times. Forming of oxygen radicals is a

necessary step in the combustion of hydrogen, and the pre
dissocliated shock tunnel flow may be expected to react faster
than ordinary air.

(1i1) Mixing Effects. In some circumstances a scramjet may be

considered to be a pure diffusion flame, where reactlon rates
are so fast that heat release is mixing controlled. Oxygen
molecules have different diffusion rates than the atoms, and
the local chemical composition will effect the rate of heat
release. Furthermore, the macroscopic development of the
fuel alr mixing layer is dependent on the local flow
properties such as Reynolds number, this may also be
influenced by the dissoclated oxygen content.

For a given statlc pressure, dissociated oxygen increases the partial

pressure of the oxygen components, effectively enhancing mixing and
combustion.
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In this report only the first mechanism will be addressed, that of
predicting, and allowing for, the enhanced heat release due to the
chemical enthalpy of the dissoclated oxygen. The shock tunnel oxygen
composition 1is adjusted in such a way that the net heat release
of combustion 1s conserved, when compared to tests in undissociated air.
In this way it is possible to produce pressure profiles which decouple
the effects of differing levels of free stream dissociation, and allow
a direct comparison between shock tunnel experiments and tests using
undissociated alr.

However, the heat release per unit mass of fuel 1is still higher,
despite the reduced free stream oxygen content, and this should be
taken into consideration when comparing specific impulse measurements.

ANALYSIS

The comparison of wind tunnel tests with flight conditions generally
involves scaling of a number of flow parameters. when dealing with
high energy shock tunnels, an additional uncertainty arises due to the
difference in gas composition. The scope of thls paper is to address
the difference between a wind tunnel using dissoclated oxygen and
nitrogen, and an idealised wind tunnel |using air with normal
atmospheric composition. The more generalised problem of comparing an
idealised wind tunnel and free flight is well understood, and is not
considered here.

Analysis of the reacting nozzle flow using a non-equilibrium chemical
kinetics code, Ref. 1 indicates there are 4 significant specles present
as far as hydrogen combustion 1s concerned, namely N2, 02, NO, O.

Combustion to water from the 3 oxygen bearing constituents proceeds
with heat release as indicated below

(1) H2 + » 02 = H20 + 120.6 Mj/kg H2

(11) H2 + O= H20 + 246 Mj/kg H2

(111) H2 + NO=H20 + % N2 + 164.6 Mj/kg H2

Note These equations are not intended to represent reactlon

schemes, but are used to calculate energy release between end products.

Combustion of undissociated air involves only reaction from oxygen
molecules, and may be seen to give significantly less heat release than
the two other main combustion paths. The approach of this paper is to
apply a correction to the free stream oxygen concentration in order to
match the heat release. In other words the shock tunnel tests would be
performed with a reduced oxygen concentration intended to reproduce the
results of combustion in atmospheric alr with the same flow propertles.

The primary measured experimental parameter in scramjet testing is duct
static pressure level, and corrections made to the oXxygen levels would
be calculated to produce identical pressure/distance profiles in the
two test facilities. To match this exactly a numerical simulation 1is
required which fully evaluates the changes in combustion species
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composition produced by changing the free stream oxygen level.
However, the approach of this paper is to do a first order correction
based on the heat release of the three reaction mechanisms identified
above. Numerital simulation is then performed to assess the validity
of this approach. A series of experiments is envisaged for 1990 to
evaluate the concept. The analysis of this preliminary paper is based
on 1D premixed fuel/alr flow.

The heat release of 120.6 mj/kg for reaction (i), combustion from
oxygen molecules, 1s based on combustion to water alone. The
equilibrium composition of a hydrogen flame contains dissoclated
radicals, and the full heat release 1s not achieved. A heat release of
90 mj’kg B2 1is more representative of that developed in a real
combustion chamber, and this value is used here.

For a kilogram of test gas the number of moles of each species will be
as follows:

Xa of atomic oxygen

[
o

of NO

|>< t-'|><
g

(1—a-a«,;) of molecular oxygen

[N
[

{1 - X [1 + ¢n14]} 1 of molecular nitrogen

16)] 28 /
This will require {;% + xil:%%gnl + %%n} ¢ moles of molecular

hydrogen to establish the equivalence ratio ¢.



The idealised reaction scheme for the 4 component air mixture is

therefore as given below:

Xa X X _
16 [0} + '1% {NO] + 32 (1-a-a;) fo2}+ {1 X[lﬁln 16 5
Xa  X(1-a-a,) Xap
*{i@ M T T3 } ¢ [H2]

En—“]} 1 N2

- Xa X e ° X_an O _

= {ﬁ + );—%‘D + 35 (1= a,,)}¢ [(H20]+z5" ¢ [N2]+{1 x[l T >
1 1 1 T 1

from O from NO from 02 from NO original free H2

(add hg) (add h,) (h.)

+ gi (l-a-a,)(1-¢')[OZ]+¥%‘(1-¢')[NO]+¥%(1—¢')[0]+¥g(¢-¢') (H2]

1 1 1

residual 02 residual NO residual 0 residual N2

X
+ heat release {Tg 2h, + Xahg + X h 16
heat release

heat release
converting

heat release from
converting

H2, 02 - H20 0> 02 NO > N2, 02

where [ ] denotes a mol of a species.
The function ¢° is used to allow for equivalence ratios other than 1

where there is either unburned fuel of oxidant.

$<1,¢ =¢
For ‘>1.¢.=1

The coefficients on the RHS of Eq. (4) may evidently be simplified
slightly, but they are presented here in full in order to clearly
jllustrate the origin of the end products. For equivalence ratios of
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less than 1 1t is assumed that the O, 02 and NO are consumed in equal
proportions.

Lowering the oxygen mass fraction reduces the heat release, as may be
seen from inspection of Eq. 4. However, the question arises as to the
flow parameter against which the heat release should be conserved when
comparing different test facilities. With respect to the fuel content,
energy release is a function only of « and «,, and cannot be matched by
changing the total oxygen mass fraction. Comparisons of measured
specific impulse therefore will still have to be adjusted to correct.
For the effective change in fuel calorific value even if oxygen
depleted test gas 1s used.

Ideally the heat added due to combustion at a given equivalence ratio
should release the same amount of heat when normalised by the
stagnation enthalpy. When comparing results at a given stagnation
enthalpy, this is equivalent to matching heat release per unit mass of
alr flow. However, reducing the oxygen content changes the composition
of the combustion products, and therefore conserving heat release on a
unit mass basis will lead to different pressure rises in the two cases.

For the purposes of this study it was chosen to conserve heat release
per unit mol of combustion product. To a first order this should lead
to the same pressure rise, and should create the same wave pattern and
flow field for the 2 cases. This 1s considered to be of fundamental
importance for scramjet ducts, which can only be analysed correctly in
the light of a full wave capturing treatment, Ref. 8.

The heat release per mol of combustlon products is given by

¢.h 1+M +15¢n'ln
y hc h (s)

ho(2 ¢-¢" - as® -

‘_+¢)+_
28 28X

From this the modified oxygen mass fraction for the shock tube test gas
may be computed to be:

X =32

28 {B(A + :‘; x] - A—a(1-¢')}

(6)

uhereA=2¢-¢'-4/28andB=1+§£‘.t+.1i.“n_’.‘n

Note that this mass fraction includes the total oxygen content in all
its forms. It is sensitive to 0 and NO concentrations, which are



functions of flow enthalpy, and also equivalence ratio. The test gas
mixture must therefore be specifically targeted to precise test
conditions, which will require careful planning for any experimental
program. ’

1t is not possible to conserve all the flow parameters when comparing
the ‘real’ and 'ideal’ facilitles. For instance, the molecular weights
of the two test gases will be different, and therefore if flow velocity
and temperature are matched then the Mach number will have to be
different.

The approach of this paper 1is to identify certain ‘primary flow
parameters’ which 1t 1is thought important to conserve, and small
discrepancies will be required in the other parameters in order to
achlieve this.

The primary flow parameters are as listed below.

(1) Total Enthalpy This is an important parameter as it relates
directly to flight speed. Furthermore, it may be calculated with
reasonable accuracy from shock speed and pressure measurements.
Energy stored in heats of formation for shock tunnel flow means
that the balance between kinetic, thermal and chemical storage

must change.

(2) Pitot Pressure. This relates directly to the free stream for
scramjet flight path evaluation and high altitude performance.
Can easily be measured or calculated in most situations.

(3) Static Temperature. This 1is not normally conserved 1in
hypersonic aerodynamic testing. Mach number independence applies
behind strong shocks, and the free stream temperature is allowed
to rise so that the total enthalpy can be achieved at a lower Mach
number. However, when the combustion chamber alone is modelled,
the flow Mach number can be matched quite closely and real static
temperature levels can be used. Temperature 1is so important in
combustion processes that it is preferred to conserve temperature
at the expense of statlc pressure.

The total enthalpy restriction means that once a static temperature and
gas composition have been selected, then the velocity is prescribed.
The pitot pressure restriction then determines the density, and hence
the static pressure level. Static temperature and pressure can both be
matched, but only at the expense of pltot pressure.

When analysing premixed combustion processes which are meant to
represent the combustion of fuel and air jets which were initially
separated, it would seem appropriate to calculate an equivalent
premixed flow conserving energy, momentum and mass fluxes. However, it
has been found in the past, that better agreement with experiment 1s
obtained by using the flow properties of the air, rather than the
mixture in the 1D analysis. This may be because in a reacting mixing
process combustion 1s expected to start in a region with a local
equivalence ratio of ~ 0.2, and the flow properties here would be
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closer to the free stream values.

In this analysis the flow propertles were calculated using the alr
fluxes only, and the hydrogen was added as a diluent at the calculated
temperature and pressure. At this stage it is not important, as the
comparison is between analytical and numerical procedures, but it will
have to be looked at more closely when experimental comparisons are
made.

The effect of the changes in oxygen level were assessed using a 1D
chemical kinetics code, Ref. 3, and a 28 reaction hydrogen combustion
scheme outlined in table 4. The flow was constrained to follow a
constant area duct configuration. The computations were allowed to
progress untll steady pressure levels indicated that equilibrium
composition was being approached.

Results

Representative shock tunnel test condlitlions were chosen at two
enthalpies for the evaluation, having total dissoclated oxygen mass
fractions (including O and NO) of 0.35 and 0.63. The flow properties
and gas composition are presented in table 1 and were calculated
according to the procedure outlined in Ref. 2. These are established
operating conditions using air, and were obtained using a contoured
nozzle with an area ratio of 109.

When modified conditlions were postulated with reduced oxygen content
the values of a and a, were assumed to remain constant for ease of
computation. To use this analysis in conjunction with experiments the
flow conditions would have to be recalculated using experimental data
from the new test gas.

At the 2 enthalpies the analysis was performed for equivalence ratilos
of 0.5, 1 and 2 both for the shock tube and for ideal gas flows.

The modified flow conditions were calculated as described in the
previous sectlon, and are displayed in tables 2 and 3. Hydrogen was
then added to the air flow to give the target equivalence ratlo,
maintaining free stream pressure, temperature and velocity.

The predicted pressure-distance profiles are shown in Figs. 1 to 3 for
the 13 mj/kg condition. The results show that the shock tunnel with
reduced oxygen concentration gives very good agreement with the ideal
tunnel, except for the ¢ = 0.5 case.

Inspection of the speclies concentration axial profiles indicated that
the oxygen atoms were being preferentially consumed in favour of the
molecules for equivalence ratlos of less than 1. The oxygen adjustment
had been calculated assuming that the 0, 02 and NO would be consumed in
equal proportions when the hydrogen content was not enough for full
combustion. This leads to underestimation of the heat release and
overestimation of the number of mols of combustion products. The latter
arises because although the same amount of water is produced, more mols
of O are required to produce it than would be needed for combustion
from the 02 molecules. The net result is overprediction of the
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The heat release was then recomputed assuming the 0 and NO burn,
preferentially to the 02 molecules. The results of this analysls is
shown as the diagonal crosses in Fig. 1, and is in reasonably good
agreement with the ideal flow predictlions.

The results for the 1B.6 mj/kg enthalpy case are presented in Fig. 4-6.
For the ¢ = 0.5 case, Fig. 4, the oxygen content was calculated
assuming combustion was only from the monatomic O form because the a
value was bigger than 0.S. The results are shown to glve reasonable
agreement with the ideal case, but it is not as close as for the lower
enthalpy.

One reason for this is possibly the lower gressure levels required in
the ideal flow in order to conserve the pu” product. The temperature
levels at this enthalpy are very high, ~ 3000 K after combustion, and
heat release will be reduced due to dissoclation of combustion
products. Equilibrium composition is highly sensitive to statlc
pressure level, and to check this the 1ideal gas computations were
repeated with the pressure levels matched to the corresponding shock
tunnel cases. The results of this are shown as the diagonal crosses in
Figs. 4-6, and they do show a reduction in the discrepancy between
modified shock tunnel and ldeal 2flou profiles. This correction is
achieved at the sacrifice of the pu® parameter by about 15X4.

At an equivalence ratio of 1, Flg. 5, there is significant disagreement
between the 2 flows, as shown by the open and closed squares.
Stoichiometric mixtures produce the hottest combustion temperatures,
and are the most subject to dissociation. The effects of dissociation
have been included in the analytical treatment by using a reduced value
for the heat of combustion from molecular oxygen, h,. For most of the
cases considered this has proven to give a good first order estimate of
the eventual heat release. It would appear, however, that at the
hottest case considered ¢ = 1, H, = 18.6 mj/kg, the assumption 1is
beginning to break down. The effective value of h, is being reduced,
and with the heats of formation remaining constant the effect of the
dissociated oxygen content becomes more significant. Intuitively, and
by inspection of Eq. 6, it can be seen that the oxygen levels must be
reduced even further at the conditions of highest heat release in order
to match the ideal flow. At this point, the analysis has passed beyond
the scope of a simple heat balance calculation and a trial and error
approach must be made, using the 1D reaction code, to find the level of
free stream oxygen concentration which produces the required result.
The calculated gas composition would be used when experiments were
required for that conditlon.

PROPOSALS FOR FUTURE WORK

This paper Jjustifles the use of a heat balance approach for talloring
the oxygen concentration of the test gas to match the combustion heat
release achieved 1in different test facilitles. Premixed one
dimensional flow is assumed, and preliminary experiments should
preferably approximate this condition as closely as possible.

Shock induced ignition rigs, as used in Refs. 4 and 5 come close to

achlieving this. The fuel is injected into a hypersonic flow at a low
pressure where it can mix, but cannot burn. Ignition is subsequently
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initiated by the passage of an oblique shock through the partlally
premixed layer. Experiments using the same apparatus, and adjusting
the oxygen level should give some indication as to the validity of the
concept. g

As mentioned in the introduction, the heat release parameter is only
one way in which the oxygen composition influences combustlon. A more
complete 2 dimensional approach is required to fully analyse the mixing
and combustion processes. It is intended that this will be done
firstly by means of an existing code, Ref. 6. This will be followed by
a series of experiments to see if the macroscopic features of the
supersonic flow are unduly influenced by the changes. That is, it is
important that the same basic flow pattern is being produced in both
cases.

Conclusive proof of the valldity of the technique can only come through
comparison of the same experiment in different facilitles. The
expansion tube at GASL, Ref. 7, and the reflected shock tunnel T4 of
The University of Queensland, Ref. 2 provide the potentlal for doing
this. The expansion tube can produce the same enthalpy as the shock
tunnel, but with a lower level of free stream dissociation. Parallel
experiments are planned for the 2 facilities in 1990 to confirm that
the same pressure/distance proflles can be produced in both cases.

CONCLUSIONS

Based on a 1 dimensional analysis it is shown that the effects of free
stream dissociation in shock tunnels can be accounted for in scramjet
combustors. A simple heat balance approach gives adequate correctlon
for most of the conditions considered. At the highest enthalpy
examined, and at an equivalence ratio of 1, the heat balance approach
was found to be inadequate, and a numerical analysis would be needed to
match pressure profiles. Pressure rise downstream in the duct was used
as the criteria to evaluate the effectiveness of the corrections, which
consist of maklng adjustments to the oxygen content of the test gas.
The effect of changing oxygen concentration on ignition and reaction

delays, mixing and other flow properties was not considered.
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1874

823

23.2

0.0412

4467

5.25

Gas Composition (mass fractions)

N2

0.203

0.145

0. 348

0.145

0. 0451

0.7493

0.0603

18.6
2520
847
24.3
0.03026
5237

5.18

0.532
0.0988
0.63
0.08192
0.1183
0.758

0.412



IABLE 2 Flow Conditions Before Mixing.

PRIMARY FLOW PARAMETERS: H, = 13 M)/Kg; pd = 823 Kpa, T = 1874 K

SHOCK_TUNNEL FLOM IDEAL FLOM
Unmodified Alr Reduced Oxygen Preferential
‘0’ burn
=05 x 0.2223 0.1636 0.128 0. 2223
0, 0.145 0. 1067 0.0835 0.2223
o 0.0451 0.0332 0.026 o]
N, 0.7493 0.8157 0.8558 0.7777
NO 0.0603 0.0444 0.0347 0
P (Kpa) |(23.2 22.7 22.3 20.5
u (w/s) 4467 4514 4548 4662
p (Kg/m3) 0.0412 0. 04041 0.03982 0.03789
M 5.25 5.26 5.3 5.55
¢=1 x 0.2223 0.1573 0. 2223
0, 0.145 0. 1027 0.2223
0 0.0451 0.0319 o
N, 0.7493 0. 8227 0.77717
NO 0.0603 0.0427 (4]
P (Kpa) |[23.2 22.6 20.5
u (w/s) 4467 4519 4662
p (Kg/m3) 0.0412 0.04032 0.03789
M 5.25 5.26 5.55
¢$=2 X 0.2223 0.1434 0.2223
0, 0.145 0.0935 0.2223
0 0.0451 0. 02909 0o
N, | 0.7493 0.8385 0.7777
NO 0.0603 0.0389 0
P (Kpa) [23.2 22.6 20.5
u (m/s) }4467 4519 4662
p (Kg/m3) | 0.0412 0.04032 0.03789
| 5.25 S5.26 5.55
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IABLE 3 Flow Conditions Before Mixing

PRIMARY FLOMW PARAMETERS: M, = 18.6 K)/Kg; pu? = 847 Kpa, T = 2520 K

SHOCK TUNNEL FLOW IDEAL FLOW
Unmodified Alr Reduced Oxygen Preferential
‘0’ burn
=05 x 0.2223 0.1238 0.0911 0.2223
(0 58 0.08192 0.0456 0.03358 0.2223
(o) 0.1183 0. 0659 0.0485 0
N, 0.758 0.8655 0.901 0.7777
NO 0.0412 0. 02296 0.0169 0
P (Kpa) |24.3 23.6 22.9 20.4
u (w/s) |5237 5284 5339 5489
p (Kg/m3) | 0.03026 0.03032 0. 0297 0.0281
M 5.18 5.22 5.31 5.66
¢=1 x 0.2223 0.1155 0.2223
0, 0.08192 0.0426 0.2223
o) 0.1183 0.06151 o
N, 0.758 0.874S 0.7777
NO 0.0412 0.0214 0
P (Kpa) |24.3 23.5 20.4
u (m/s) 5237 5298 5489
p (Kg/m3) | 0.03026 0.03016 0.02819
M 5.18 S.24 5.66
¢ =2 x 0.2223 0.0996 0.2223
o 7% 0.08192 0.03672 0.2223
(o] 0.1183 0.053 0
N, 0.758 0.8918 0.7717
NO 0.0412 0.0185 0
P (Kpa) |24.3 23.1 20.4
u (w/s) |S237 5324 5489
p (Kg/m3) | 0.03026 0.02987 0.02819
M S.18 5.28 5.66
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JARLE 2 Floy Conditions Befors Mixins.

PRIMARY FLOM PABAMETERS: B, = 13 W)/Kg; pl = 823 Kps, T = 1874 K
SHOCK_TUNNEL FLOM IDEAL FLOMW
Unnodified Alr Reduced Oxygen Preferential
‘0’ burn
¢=0S5S x 0.2223 0.1636 0.128 0.2223
(+ 1 0.145 0. 1067 0.0835 0.2223
[ ¢] 0.0451 0.0332 0.026 1]
L PY 0.7493 0.8157 0.8558 0. 7177
NO 0.0603 0.0444 0.0347 0
P (Kpa) |23.2 22.7 22.3 20.5
u (ws) 4467 4514 4548 4662
[ (kg/m3) 0.0412 0.04041 0.03982 0.03789
M 5.25 5.26 s.3 S.85
¢=1 % 0.2223 0.1573 0.2223
o, | 0.145 0.1027 0.2223
o] 0.0451 0.031'9 0
N, 0.7493 0.8227 0.7T17
NO 0.0603 0.0427 0
P (Kpa) 23.2 22.6 20.5
u (ws) 4467 4519 4662
p (Kg/m3) 0.0412 0.04032 0.03789
M 5.25 5.26 5.55
=2 x 0.2223 0.1434 0. 2223
o, | 0.145 0.0935 0.2223
0] 0.0451 0.02909 0
N, | 0.7493 0.8385 0.7777
| ) 0.0603 0.0389 0
P (Kpa) |23.2 22.6 20.5
u (w/s) |4467 4519 4662
p (Kkg/m3) | 0.0412 0.04032 0.03789
| 5.25 5.26
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IABLE 3 Flow Conditlons Before Mixing

PRIMARY FLOW PARAMETERS: H, = 18.6 KJ/Kg; pu? = 847 Kpa, T = 2520 K

SHOCK TUNNEL FLOW IDEAL FLOM
Unmodified Alr Reduced Oxygen Preferentlial
‘0’ burn
=05 x 0.2223 0.1238 0.0911 0.2223
0, 0.08192 0.0456 0.03358 0.2223
o 0.1183 0.0659 0.0485 (o]
N, 0.758 0.8655 0.901 0.7777
NO 0.0412 0. 02296 0.0169 0
P (Kpa) |24.3 23.6 22.9 20.4
u (w/s) |5237 5284 5339 5489
p (Kgsm3) | 0.03026 0.03032 0.0297 0.0281
M 5.18 5.22 5.3 S.66
¢=1 x 0.2223 0.1155 0.2223
0, 0.08192 0.0426 0.2223
o 0.1183 0.06151 0
N, 0.758 0.8745 0.7777
NO 0.0412 0.0214 0
P (Kpa) |24.3 23.5 20.4
u (ws) 5237 5298 5489
p (Kg/m3) | 0.03026 0.03016 0.02819
M 5.18 S5.24 5.66
¢ =2 x 0.2223 0.0996 0.2223
0, 0.08192 0.03672 0.2223
o 0.1183 0.053 0
N, 0.758 0.8918 0.7777
NO 0.0412 0.0185 ]
P (Kpa) [24.3 23.1 20.4
u (w/s) |5237 5324 5489
p (Kg/m3) | 0.03026 0.02987 0.02819
M 5.18 5.28 5.66
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THE USE OF SILANE AS A FUEL ADDITIVE FOR HYPERSONIC THRUST PRODUCTION

R.G. Morgan, Department of Mechanical Engineering,

The University of Queensland

ABSTRACT.

Scramjet propulsive ducts operate by converting some of the flight free
stream kinetic energy to heat in order to initiate combustion. As the
flight speed increases, the available kinetic energy which can be used
for heating also increases. However, the required temperature range for
efficient combustion does not change much with flight speed.
Temperatures are limited at the lower end by ignition and reaction
characteristics, and at the wupper end by combustion product
dissocliation. It is realistic to expect combustion chamber intake
temperatures to be within the range of 800 to 1800 K throughout the
whole flight envelope. This means that at the higher flight Mach
numbers, the combustion chamber Mach number must be in the hypersonic
regime in order to avoid overheating the flow. The static pressure
levels associated with the hypersonic flow will be low, and this will
adversely effect combustion and heat release characteristics. This
paper reports on the use of silane as an additive to enhance combustion
in shock tunnel tests of a hypersonic scramjet. Silane, which is
spontaneously combustible at room temperature, was mixed with hydrogen
at 20% by volume. The mixture has been used before in a constant area
duct configuration, and for this work a 2 dimensional nozzle was added
to produce thrust.

The silane was found to produce vigorous combustion, and significant
thrust, but when specific impulse was calculated, on a per unit mass
flow rate basis, it did not perform better than pure hydrogen over the
same enthalpy range but at a higher statlc pressure. This is attributed
to the high molecular weight of the silane molecules, and the assoclated
high mass flow rate of fuel required to burn the oxygen. At the static
pressure levels for which the tests were performed, pure hydrogen did
not burn at all within the confines of the duct. In conclusion, the
silane was useful for performing hypersonic combustion studies under
test conditions where hydrogen combustion was not possible.
Additionally, the tests indicate that combustion can be enhanced, but
that the specific impulse will not exceed that of hydrogen in regions
where the hydrogen ltself can be made to burn well.



1. INTRODUCTION.

Experiments innhypersonic combustion of hydrogen have been performed in
The University of Queensland shock tunnel, T4f1). Whilst the results
indicate that some mixing and combust ion does occur, (2), the performance
when a thrust nozzle is attached does not approach that achieved in a
supersonic duct in the shock tunnel T3, 3, at the Australlan National

University. The reason for this is not fully understood at present.

The hypersonic flow 1is created at the expense of free stream static
pressure, and pressure scaling tests in a supersonic duct in T34 have

shown combustion to be very pressure sensitive.

The supersonic duct typically operates at static pressure levels
~ 150 kpa, but when the pressure level is reduced below 50 kpa
combustion is inhibited. The hypersonic duct has an intake pressure
level of ~ 20 kpa, and if a direct comparison with the supersonlc tests
applies, it might be expected to be adversely effected by the low

pressures.

There 1s some evidence to suggest that low static pressure levels are
the primary cause of the poor combustion. When the scramjet was
configured as a 51 x 25 mm section constant area duct, boundary layer
growth on the internal walls caused significant pressure rise, @ and
Fig. 1. When hydrogen was injected at this condition it burned fairly
readily, Fig. 2. However, the boundary layer compressive effects would
have reduced the free stream Mach number to ~ 4.5, and it could not

truly be called hypersonic combustion.
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when the duct section was increased to 50 x 51 mm the compressive effect
of the boundary lawyer was reduced, the Fuel Off pressure levels were
jower and the flame was extinguished, Fig. 3. When the pressure levels
in the square duct were subsequently increased by means of a compression
wedge, Fig. 4, combustlon effects were again evident in the duct.

Fig. 5.

Both the compression wedge, and compression waves off the developing
boundary layer, increase the static temperature as well as static
pressure levels. However the static temperature levels may be held
constant by adjusting the stagnation enthalpy. This leaves only Mach
number and static pressure level as the parameters which are different

between conditions where combustion does, and does not occur.

The pressure may influence combustion through it's effect on density, in
two ways. Firstly, reaction rates will be enhanced, to a degree
depending on the order of the reaction mechanisms involved, due to
increased collision rates. In a flame where mixing is expected to occur
rapidly, this will be the major heat release controlling factor at a

given free stream static temperature.

Secondly, the increased Reynolds number may Iincrease the rate of
entrainment between the fuel and air layers, which, if reaction rates
are fast will increase the overall rate of heat release. The T3
supersonic duct tests were performed in the free stream unit Reynolds

number range of 1 to 2 107 m-!, whilst the T4 hypersonic runs were in

62



the range 0.5 to 1 107 m-!. This in itself may be enough to explain
the increased Eombustlon in the supersonic flow. This effect could be
partially checked by raising the pressure levels of the T4 tunnel, and
this will be done when the facility is capable of doing so. However,
any change would be coupled with increased reaction rates and may be

hard to interpret.

The hypersonic conditlions where combustion occurs have, as well as
higher static pressure levels, lower Mach numbers than for test cases
where no combustion is observed. The effect of Mach number on the rate
of development of a mixing layer is not fully understood, (), however it

may be a significant factor.

The purpose of these experiments was to partially decouple the effects
of chemical kinetics by the use of a combustion enhancing additive in
the fuel. Silane at 20% by volume was mixed with hydrogen and injected
at equivalence ratios of up to 1, based on the consumption of all fuel
and oxygen components. The resulting pressure traces indicated
substantial combustion and heat release. However, this cannot be solely
attributed to increased reaction rates, as the silane mixture has a
molecular weight of 8, and has to be injected at 2.5 times the mass flow
rate of hydrogen for the same equivalence ratio. This leads to a slower

jet, with a large momentum deficit which may enhance the mixing.
When a nozzle was added to the combustion chamber, significant thrust

was measured for the fuel on conditlon. The thrust 1levels when

normalised against reservolr stagnation pressure were constant over the
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usable test time of the shock tunnel, indicating that steady flow and
combustion ha& been achleved by the use of the silane additive. This
enabled thrust and specific impulse measurements to be made 1in a
hypersonic flow where current T4 pressure limitations preclude

combustion of hydrogen.

2. EXPERIMENTS.

The initial experiments were performed in a constant area duct
configuration to confirm that significant combustion could be achleved,
and to determine at what axial location the thrust nozzle should start.
A sample set of Fuel On and Fuel off pressure profiles are shown in

Fig. 6 for a nominal stagnation enthalpy of 6.8 Mj/kg.

In the light of these results the scramjet was re-configured for thrust
production as shown in Fig. 7. The thrust surface diverged at an angle
of 15° from the incoming flow, and started at a distance of 225 mm
downstream of injection. Injection was from a two dimensional central
injector with a throat of 1.6 mm height. The injector spanned the full
width of the duct. Fuel mass flow rate was controlled by adjusting the
stagnation pressure of the fuel reservolr, which was maintained at room
temperature. Changes in equivalence ratio therefore were coupled to
changes in fuel Mach number, velocity and temperature, which had an

unknown effect on the rate of fuel air mixing.

The thrust surface on the duct was instrumented with quartz transient
pressure transducers, and thrust was calculated assuming 2-dimensional

flow with linear interpolation between data points.



3. RESULTS.

Shock tunnels are inherently unsteady facilities, and care must be taken
when trying to draw conclusions based on steady combustion assumptlions
from transient data. The first step when analysing shock tunnel data
must be to confirm that steady flow has been established. As the
stagnation pressure decays during the test time of the tunnel, steady
Mach number will only be maintained if the pressure ratio across the

nozzle attached to the shock tube is constant.

In Fig. 8 the static pressure/time history is shown for a typlical fuel
on shot for a transducer on the thrust surface. It should be noted that
for the duration of the steady flow period, although the stagnation
pressure changes by % 15%, the normalized static pressure level stays
sensibly constant. Similarly, the integrated thrust when normalised in

the same manner is nearly constant, indicating that the macroscopic flow

field is steady.

If therefore the nozzle exit conditions are calculated on the assumption
of a steady expansion from the stagnation region, then the scramjet
tests are conducted in an intake flow field with the following

approximate variation in properties from the nominal conditions:

Flow duration 1 ms
Stagnation pressure variation * 15%
Stagnation enthalpy variation t 4%
Static pressure variation + 15%
Static temperature variation % 4%
Mach number constant
Velocity variation * 2%
Density variation * 10%
Momentum flux variation * 15%
Equivalence ratio variation % 13%
Reynolds number variation + 10%
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[{These quantitlies estimated at a stagnation enthalpy at 12.5 Mj/kg from

run 874).

To assess the significance of this unsteadiness on thrust production, it
{s necessary to estimate the decay of momentum within the control volume
during the test period. The total momentum stored within the control
volume is 0.135 kg.ms™! for the 12.5 Mj/kg case, and the decay rate

during the 1 ms of test time therefore represents a force of ~ 35 N.

It can be seen from the thrust balance illustrated schematically in
Fig. 11 for a 2-dimensional duct of unit width that this momentum decay
will detract directly from the measured thrust on the thrust surface.
Moreover, this value of 35 N is a significant fraction of the fuel on

steady thrust levels of ~ SO N.

However, when comparing Fuel On and Fuel Off thrust levels it is
estimated that the difference between the two due to unsteady momentum
effects reduces to a second order error. This is because, due to the
lack of upstream influence in supersonic flow, the intake time history
of pressure and momentum flux is the same for both Fuel On and Fuel Off
cases. The new thrust and specific impulse calculated by subtracting
Fuel Off from Fuel On values will therefore be primarily due to the
presence of the fuel Jjet as governed by steady flow and steady

combustion effects.

Also, the internal momentum decay can be considered to detract directly

from the thrust as indicated in Fig. 11 only when comparing steady and



unsteady flows with the same incoming and outgoing momentum flux and
pressure lntegfals. In practice with the onset of unsteady flow the
momentum decay term will be partially met by changes to the incoming and
outgoing integrals. Take for example the case of a constant area duct
in unsteady flow. No thrust is produced, and a rise 1in downstream
pressure balances the momentum decay. The more the nozzle departs from
a constant area duct, the more sensitive the thrust production will be

to unsteady effects.

In Fig. 9 scatter bars are shown 1illustrating how the normalised
pressure/distance profiles change over the nominal test perlod. The
steadiness of the profiles indicates that the macroscopic features of
the flow, such as wave propagation and thrust production are constant.
In Fig. 10 the normalised integrated thrust/time profiles are shown for
Fuel On and Fuel Off conditions. The constant levels of the two traces
adds credibility to the assumption that the unsteady thrust decrement is

the same for Fuel On and Fuel Off runs.

In Figs. 12-17 the pressure profiles are shown for 20% silane injection
in the enthalpy range 4.46 to 17.1 Mj/kg. For all of the conditions
tested except 4.46 Mj/kg strong combustion affects were observed in
terms of increased pressure on the thrust surface. At the lower
enthalpy the static temperature was ~ 500 K which appears to be too low

for silane combustion at this pressure level.

In Fig. 18 the effects of injecting helium into a flow at 6.81 Mj/kg are

shown. It is seen to produce negligible pressure rise over the Fuel Off
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case. This suggests that the pressure rises observed when injecting the
silane mixture-are due to combustion rather than the intruslve presence
of an inert jet. The molecular weight of hellum was 4, compared with 8
for the silane mixture, but when coupled with the evidence of the low
enthalpy, no pressure rise test, Fig. 12, it seems certain that the

silane mixture was burning at the high enthalples.

The measured net thrust with silane injection was high, but when the
specific impulse was computed, Fig. 19, 1t did not compare favourably
with the hydrogen results from (2, shown in Fig. 20. This 1is
attributed to the high molecular weight and mass flow requirements of
the heavy silane molecules. However, the pressure level of these tests
was lower than for (2, and hydrogen would not burn at all under these

conditions.

4. CONCLUSIONS.

The use of silane additive at 20% induced vigorous combustion at
conditions where hydrogen was not able to burn. This tends to suggest
that kinetics, rather than mixing are limiting heat release 1n the
hypersonic duct. However, this contradicts to some extent the findings
of (6) whose numerical study suggests that mixing will be the limiting
factor. A possible reason for enhanced mixing with silane might be the

lJower velocity, high density fuel jet required for stoichiometric

combustion.

Alternatively, rapid vogorous combustion might induce turbulence which

enables the fuel to mix over a wide spread region of the duct.
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An estimate of the extent of the mixing layer may be made by inspectlion
of the fuel on pressure traces, such as Fig. 9 and Figs. 13-17. As
discussed in Ref. (9), thrust is transmitted to the thrust surface by
two separate mechanisms. These mechanisms are (1) direct propagation of
waves from the combustion zone to the walls, and (@ the interaction of
the corner expansion fan with the Mach number gradients in the flow.
Waves from mechanism 1 are evident upstream of the thrust surface,
whilst the onset of mechanism 2 is clearly shown from the pressure rise
downstream of the corner. By following waves back upstream from the
start of the thrust surface pressure rise, it is possible to locate
where the leading edge of the expansion fan first starts producing
compression waves. This jdentifies the point where perturbations first
occur in the free stream Mach number profile, which may be taken to

represent the limits of the combustion zone.

The results of these calculations are shown in Fig. 21. The Mach number
before the expansion fan is estimated by assuming that the freestream
flow upstream of the corner is compressed isentropically from the
nominal intake conditions to the locally measured static pressure. The
compression waves are assumed to propagate at the local Mach angle. Run
874, equivalence ratio of 1 at a stagnation enthalpy of 12.5 M)/kg was
used for the calculatlons. The first compression waves are noticed

incident on the thrust surface at a distance of approximately 70 mm from

the corner.

The results of this treatment indicate that the combustion zone extends
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to within approximately 3.5 mm of the wall. Given that the wall
boundary laye;'at the wetted length of ~ 400 mm will be of the order of
2 mm, this implies that the mixing layer has effectively propagated
across the whole duct. If this result can later be confirmed by optical
techniques, and by a more detailed wave analysis of the pressure

profiles, then the prospects for hypersonic combustion are good.

Silane with vigorous combustion produces comparable performance to
hydrogen with partial combustion, as indicated by small pressure rises
associated with injection. This suggests that complete combustion of
hydrogen, whether induced by increased pressure levels or though mixing
enhancement techniques, can potentially perform very well in a
hypersonic duct. Alternatively, the use of a lower concentration of

silane, as tested by (7) might be used to improve specific impulse.

Scramjet performance in a hypersonic duct does not yet compare with that
of combustion in a supersonic duct at higher pressure levels. However,
it is hoped that increased pressure simulation capability will be able

to improve hypersonic performance.
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TABLE 1 RUN MANIFEST IN 15° THRUST MODE

Stagnation Run Injectlion Equivalence Ratlo
Enthalpy (H,) No. Pressure
Mji/kg kPa
4.46 875 325 S,H, mix 0.99
4.46 883 Fuel Off o]
6.81 882 0 0
6.81 871 0 0
6.81 876 202 S H{ mix 0.66
6.81 870 393 S,H{ mix 1.28
6.81 884 380 H, —_
8.5 880 0 0
8.5 879 217 S;H, mix 0.82
8.5 873 373 S H, mix 1.41
8.5 885 473 H, —
10 868 0] 0
10 877 209 S,H, mix 0.88
10 867 410 S H{ mix 1.73
10 886 382 H, —
12.5 881 0 0
12.5 874 373 S;H; mix 1.77
12.5 887 366 H, —
17.1 889 0 0
17.1 888 350 S Hg mix 2.1
17.1 891 399 H, —
(Injector calibration 6.6 1075 Kg s™! kg™?
TABLE 2 - NOMINAL TEST CONDITIONS
He Static Static density Mach Velocity Intake
Mj/kg | Temp. K | pressure | Kg/m? No. n/'s Oxygen
kPa mass flow
4.46 529 7.54 0.0493 6.09 2820 . 0695
6.81 888 9.72 0.0379 5.73 3430 . 065
8.5 1120 9.8 0.0303 5.5 3700 . 056
10 1350 10.1 0.025 5.43 4000 .05
12.5 1570 10 0. 0205 S.43 4350 . 0446
17.1 1980 8.98 0.014 5.44 5000 .035
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in 49.5 x 51 mm? duct with thrust ramp, enthalpies as indicated

12. H, = 4.46 Mj/kg
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PRESSURE-LENGTH CORRELATIONS IN SUPERSONIC COMBUSTION

P.A. JACOBS & R.J. STALKER

An experiment! has been proposed for study of the pressure sensitivity
of supersonic hydrogen combustion in a constant-area combustor. The
specific alm of the experiment was to investigate the theoretical
pressure-length correlations? by conducting trials in three
geometrically simllar models. The pressure in the models was to vary
over an order of magnitude but the pressure by model - length product

was to be held constant.

Here we report that the largest of the three models (and in some ways
the most difficult model) has been constructed and the initial flow
measurements have been made. The correlation P!-7 ¢ = const and the
length of the combustor (1.2m) determined the smallest pressure below
which we would not get combustion in the largest of the three models.

The duct pressure in these runs was ~ 29 kPa.

The overall flow configuration is shown in figure 1. The shock tunnel
is fitted with a nozzle that expands the gas to approximately M = 8
(design area ratio = 670). The test gas is recompressed to M = 3.4
through a pair of wedges (and their assoclated shocks) and 1s then
allowed to enter the model. The first 113 mm of the duct expands the
gas flow to M = 4.4 and at the end of this expansion the hydrogen fuel
is injected from the rear of a centrally located strut. The hydrogen
is injected parallel with the air flow and forms a wake-like mixing

region downstream of the injector. The estimated flow conditlions at
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the injector exit plane are given in table 1.

The wall pressure, as a function of distance downstream of the
injector, 1s shown 1in figure 3 for hydrogen injection into air,
hydrogen injection into nitrogen and air flow without hydrogen
injection. From the general trend of increasing pressure when hydrogen
is injected into the ailr flow and constant pressure otherwise, |t
appears that the hydrogen does burn at these conditions.
(H_ = 9.1 MJ/KE, Payer = 29 kPa ¢ = 0.76). Hence we have something

interesting to measure.

The next step is to try to match the CFD codes to these pressure data

and then use the codes to compute burning lengths and ignition lengths.

REFERENCES
1. R.G.Morgan et al 1987: *Shock tunnel studies of scramjet

phenomena", NASA Grant NAGW 674, Supplement 3.
2. P.W. Huber, C.J.Schexnayder & C.R. McClinton 1979: “Criteria for

self-ignition of supersonic hydrogen-air mixtures", NASA Technical

Paper 1457.
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TABLE 1: Nomimnal conditions in large scramjet. .
Shock tube tube data taken from shot 1410.
diaphragm thickness = Smm

fill pressure = 150 kPa

fill temperature = 300K

Shock speed = 3.145 km/sec

steady reservoir pressure # 60 MPa = P,

ESTC (conditions after expanding reservoir to 60 MPa)
stagnation enthalpy H, = 9.13 MJ/kg

temperature T, = 5747 K

NENZF calculation of conditions at the end of the M=8 nozzle.

expansion when Py, /Py = 0.004 , assume Ppyyq = 0.92 pu?)
effective length of nozzle = 9.89 cm
M=7.12 7 = 1.36 u = 3962 ms-!

P

0.01660 kg/m3 Poiatic = 3-795 kPa Teratic = 790 K

{stop

flow through shocks (15° wedges) and then an isentropic expansion

through the initial part of the duct (area ratio = 2.653) to the exit

plane of the injector.

Mgyt = 4.37

Pgratic = 28.8 kPa

Tetatic ® 1802 K

disassociation fraction (assuming the composition remains

through shocks)

{0] + [NO]

% = ToT+ WOl = 206,] - 227

81
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Table 1 (contihued): Nominal conditions in large scramjet.
Mass flow of air
after shocks p = 0.1571 kg/m3 , u = 3420 ms-!
intake size = 0.014 m x 0.100 m
ﬁ“r = 0.7522 kg/sec
Moz = 0.232 M,,, = 0.1745 kg/sec
Mass flow of hydrogen
H, manifold pressure = 250 kPa  (shot 1420)
Injector calibration constant = 6.60e-5 kg/sec /kPa
mH, = 0.0165 kg/sec
™, 16

Equivalence Ratio ¢ = — — = 0.756

o, 2
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HOT HYDROGEN INJECTION TECHNIQUE FOR SHOCK TUNNELS

by Michael Wendt

The effect of fuel temperature on combustion in a supersonically and
hypersonically combusting ramjet is currently being studied in the T4 shock
tunnel. It is intended to not only study the temperature effect, but the

corresponding density distribution and velocity distribution effects as well.

A device 1is currently being manufactured to produce hot hydrogen for
injection into the ramjet model. Many difficulties were encountered in
its development, including:

i) The ramjet model instrumentation calibration was very temperature
sensitive and hence heat sources had to be kept well away from the test area.
ii) To minimize losses only a short length of piping was allowable between
the heat source and injector nozzle.

111) Many standard components had difficulty withstanding the required
stagnation temperature ( 1200 K ) at the injection pressure.

iv) Only a small amount of fuel was to be used to minimize the build

up of unburnt hydrogen inside the Dump Tank. This corresponded to a

maximum supply time of 20 - 40 milliseconds.

After evaluating a number of solutlons it was decided to use a Gun Tunnel.
The gas is heated by a combination of free piston compression and entropy
rise through shock waves. It has the advantages of:

i) The hydrogen is only hot for a very short duration (< 30 msecs) and
hence the temperature of the vessel walls is only raised slightly.

11) The danger of having hot fuel in a vessel for an extended

period of time is reduced.

11) No heat is transferred to the ramjet model.

1i1) Dry hydrogen is produced.
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The layout of the gun tunnel is shown in the diagram over leaf. It
consists of two tubes separated by a bursting diaphragm. The high pressure
reservolir contains nitrogen and provides the driving pressure for the
piston. The compression tube initially contains hydrogen at low

pressure. A light nylon piston initlally sits in the compression tube Just
in front of the primary diaphragm. The diaphragm is mechanically burst
allowing the high pressure nitrogen to expand and drive the piston down the
compression tube. The light piston is fast enough to cause shock waves ahead
of it in the hydrogen gas giving an entropy increase (the entropy rise lis
small, however, due to the high speed of sound in Hz). The pressure in
front of the piston increases causing the piston to decelerate near the high
pressure end. The pressure lncrease also bursts the secondary diaphragm.
The piston fluctuation dampens rapidly as pressure on both sides of the
piston approach equality. Steady injection occurs with a near constant

pressure on the rear of the piston.

The tunnel design has the following notable features:

1) The tunnel is positioned within the Dump Tank of T4 to increase the

safety in event of explosion and to minimize the length of tubing between
the hot hydrogen reservoir and ramjet model injector.

i1) The entire assembly 1is free to reclprocate linearly to allow the
dynamics of the device to lower the stress induced in its structure.

iii) Bursting diaphragms are used to provide simple, low

maintenance, reliable flow control capable of containing the high

temperatures and pressures.

Construction of the tunnel is due to be completed in early 1990 with the first

ramjet experiments due in the middle of the year.
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HEAT RELEASE - WAVE INTERACTION PHENOMENA

IN HYPERSONIC FLOWS

AN OPTICAL STUDY

Annual Report, February 1990
by N.R.Ward

INTRODUCTION

The study of combustion waves in a scramjet duct is
made very difficult due to the imperfect nature of the
injection and mixing of fuel into the flow and the inherent
disturbance to the flow which this causes to produce the
desired heat release. This can be avoided by bringing about
this heat release in another way. The flow produced by a
free piston shock tunnel using a nitrogen test gas is highly
dissociated but basically ‘frozen’ in this state due to it
having been expanded to a temperature too low for a
significant rate of recombination. When, however, it has its
temperature and pressure raised passing through the system
of shocks at the entry to the scramjet duct recombination
progresses rapidly to bring the flow to its equilibrium
jevel of dissociation. This recombination results in heat
release, simulating gquite closely the heat release during
combustion. Thus by studying the waves generated in this way
in a scramjet model in nitrogen flow in the T4 shock tunnel
it is hoped that much can be learned about ’ideal’
combustion and the combustion waves it generates.

It was decided to study these waves using optical
techniques in order to keep disturbance of the flow to a
minimum and collect as much information at each shot of the
shock tunnel as possible. The optical system decided upon
was the Differential or Schlieren Interferometer.

Since the analysis of these flows was to be done using
optical methods development of a short exposure shutter and
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associated triggering system was, in 1988, carried out.
combined with a polaroid camera this was used to take
photographs of test flow over models. Some of the
information gathered was then used to check experimental T4
test conditibns against those computationally predicted,
showing good agreement. A computer program Wwas then
developed to predict post-shock recombination profiles for
different experimental conditions, allowing for detailed
design of test conditions and model shapes for future tests
in the T4 shock tunnel.

REPORT

In preparation for experiments in the T4 shock tunnel
jt was neccessary to design and build a model of an
open-sided scramjet duct in which generated ’combustion’
waves could be studied freely using optical methods. It was
decided to begin with a simple model consisting of a pair of
wedges as an intake followed by a pair of plates as a duct,
with simply an open path to exit. Predicted intake shock
wave angles were calculated to allow mapping of these shocks
and consequent design of the model components such that
these shocks are allowed to escape the duct through gaps in
the walls rather than having them reflect and propagate the
length of the duct, thus confusing the wave pattern. The
resultant model design is shown in Figure 1. This model was
then built.

The most critical task to be completed before the
actual experiments with the T4 shock tunnel could begin was
to be the design, assembly and alignment of the optical
system. The extent of the difficulties would, however,
exceed all expectations.

A CCD camera system capable of capturing images with
exposure times of as low as 100 us, which had been developed
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in this department, Wwas used with only a few teething
problems. petails of this system can pe found in reference
(5).

A Llaser Electronics ruby laser system with He-Ne
alignment laser was jnstalled on the roof of an enclosed
optics box mounted on rails on the test section ‘dance
floor’ of T4. See Figure 2 for gketch diagram of the optics
box. The laser output beam was jead down into the optics box
using an optic fibre. It was decided that due to the short
test time in T4 the image recorded by the optics should be
as close as possible to instantaneous, thus it was decided
to install an electronic Q-switch to bring the ruby laser
pulse time down from about 1 ms to less than 50 us.

Unfortunately the Pockells Cell component of the
Q-switch proved, after much searching, to be faulty, and was
sent away for replacement. Subsequently jt was decided to
ljeave the laser without a Q-switch until after the first set
of T4 experiments.

FIGURE 2. SKETCH OF OPTICS BOX FROM THE SIDE

AREA OF RUBY LASER /RUNNEKS ON
RALS

f] E

\BEAM ExIT

Q QPENING
opnCS BOX /

BAck NG
B8OARD
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The next task was to design and build mounts for the
optical components of the actual optical system. Once the
components were mounted it was time to develop a procedure
for aligning them so as to give a proper interference
pattern and a sharp image of an object in the test section,
and hence a good differential interferogram. The design that
had been settled upon was that of a double pass differential
interferometer, which made the alignment more difficult. The
layout for this optical system is shown in Figure 3.

It was found that most of the alignment was easiest
carried out using an extra He-Ne laser in place of the
output end of the fibre optic inside the optics box, as this
gave a bright and non-diverging colimated beam which was
easy to trace through the system. Also, in the course of
alignment a number of the optical components were found to
be of insufficiently high quality or of inappropriate
specifications to be able to obtain an image. These were
replaced in due course and eventually a systematic procedure
for aligning the system was developed. This can be
summarised as follows:

(i) Centre alignment laser to give a well directed and
horizontal beamn.

(ii) Work through the system of mirrors ( with other
components removed ) adjusting each to pass the beam on to
the centre of the next.

(iii) Use a screen with a hole for the outgoing beam in
it to adjust the final mirror so that the returning beam
follows the same path as the outgoing beam.

(iv) Position each lens in turn in the beam centred so
as to not alter the path of the outgoing beam.

(v) Adjust lens positions in direction of beam so that
the focus of the beam before the concave mirror coincides
for the incoming and outgoing beams. Readjust the final

mirror if neccessary so that incoming and outgoing beams
still coincide.
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(vi) Place polaroid and wollaston prism in the path of
the beam near the focus of the concave mirror.

Some adjustment of some components ( such as the cubic
beamsplitter ) has also been found neccessary to eliminate
stray reflections which disturb the image. This procedure
has been found successful and good interferograms ( using
the direct He-Ne beam as a source ) have been obtained.

Currently final alignment is being carried out with the
ljaser source travelling through the fibre optic. Presently
the original multi-mode fibre optic is being replaced with
single-mode fibre optic to eliminate severe distortion in

the illumination pattern of the 1light emitted from the
fibre.

FUTURE

It is expected that the differential interferometer
will be fully operational shortly. Tests to determine how
severely the vibrations during the operation of the shock
tunnel affect the alignment of the optical system will then
be carried out in order to minimise this disturbance.

Experiments with the previously described model in the
T4 shock tunnel will follow, using the differential
interferometer to obtain information on the simulated
combustion waves caused by nitrogen recombination aswell as
other wave phenomena in the scramjet duct.
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A STUDY OF THE WAVE DRAG IN HYPERSONIC SCRAMJETS

Nesrin Akman

The Mechanical Engineering Deptartment

The University of Queensland, St. Lucia, 4067

ABSTRACT

A model two-dimensional flow in a convergent-divergent duct 1is
analysed. It is found that wave drag varies with the Mach number in a
“saw tooth" manner with increasing amplitude and period. The drag
value reaches its minimum when symmetrical wave distribution can be
obtained in linear theory within the system. the maximum drag value
coincides with Mach numbers larger than that in which the shock wave
emanating at the leading edge of one plane completely misses the other
plane; It is also found that the thrust varies linearly when
combustion 1s simulated by adding heat without addition of mass or

change in the compressibility factor.
1.0 INTRODUCTION

Wave phenomena and management of waves play an Iimportant role in

hypersonic scramjets. In order to achieve beneficial Iinteraction
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between the waves and the thrust surfaces, 1t {g necessary to
understand the drag produced within the system as a result of the wave
distributlion. This understanding becomes more critical as the flow
Mach numbers within the duct take hypersonic values, and inefficlent

flow management results in increased drag.

To compare the results obtained 1n this study with that of linearized
theory, and validate the numerical method used in the analysis, an
inviscid perfect gas with constant ratio of specific heats is initially
used in the analysis. Presently, the temperature dependence effects
of the specific heat constants, and the viscosity effects are included
in the study. The concept of "boundary layer bleeding” to achleve
petter thrust {s examined. Combustion 1is represented by heat addition
at the throat, without the addition of mass or change 1n the
compresslbllity factor which normally 1is assoclated with combustlon.

The flow is assumed to be tuo-dimensional.

2. The Busemann Biplane.

A twvo dimensional convergent-divergent duct, formed by placing two
thin, double wedge aerofolls opposite to each other, 18 called a
*Busemann biplane’ (Figure 1). The peneficial effect of the Busemann

biplane in the reductlon of wave drag is well discussed in the
M,
i

Py

Figure 1. Busemann biplane.
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literature and the author's earlier report (1989).

The drag of the busemann bilplane according to the two dimensional

linear theory as a function of the Mach number is given in Figure 2.

DRAG RATIO
0.80

0.40
'l

) 10 12 14 16
MACH NUMBER

0.00
\

Figure 2. Drag of the Busemann biplane as a function of the Mach

Mach number obtalned by two dimensional linear theory.

The Busemann biplane 1is referred to as the "Busemann Scramjet"”
(Supersonic Combustion Ramjet) when fuel is injected into the system.
The combustion of the fuel at supersonic velocities and at low
densities 1is very difficult to achleve. To obtain good mixing, and
hence efficient burning of the fuel, is a study 1ln its own and will not
be discussed here. However, the allowable temperature within the
scranmjet should be limited to 2000 K; since, the fuel will not burn at

higher temperatures.
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In the context of this study, the combustlon 18 represented by heat
addition at the throat, without addition of mass oOr change in the

compressibillty factor which is normally assoclated with combustion.

3. The Numerical Code

The code wrltten {s based on the two-dimensional unsteady Euler
equations and the Godunov's method. The geometry adopted to represent
the scramjet 1s that of the Busemann bi-plane. Due to the symmetry

only the upper half of the duct is considered.

Figure 3. The adopted geometry of the scramjet

The upstream (reglon 1) and downstream (region 4) regions are added to
the Busemann biplane conf iguration. The reglions 2 and 3 are termed the
*compression” and “expansion” regions (Figure 3). The angle between
the x-axis and the compression (drag) surface {s taken to be equal to
the angle between the x-axis and the expansion (thrust) surface, - .

Coms§ondi"g “4c opt imum thrust conditions in hueo\r.'zed -H»eom .
Deflection angles of 1°, 2° 4°, 6°, 10°, 15° have been studied. In

all cases the design condition was taken to be at the upstream Mach

number of 6. The results for deflection angle of 2° have been
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presented in the earlier report (1989).

4. PResults

The results obtalned using the numerical code are presented above in
Figure 4. These results are in close agreement with the linearized
theory in the prediction of the drag within the system (Figure 2). The
wave drag varies with the Mach number as predicted from the linear

theory.

The code fails to give zero drag at the design Mach number. The
non-zero result is more accurate since in the region of interaction
between the expansion fan and the surface, the pressure drops
isentropically, reducing the amount of thrust which would have been
otherwise developed The percentage of the expansion surface which
intercepts the expansion fan increases in a non-linear fashlon as shown

in Figure 5.

Surface contouring may be employed to counteract the effect of the
expansion fan on the surface pressures. This procedure :estores the
pressure values to the value prior to the expansion fan; however, this
procedure reduces the projected thrust surface, hence the available

thrust (Figure 6).

For six degree deflection angle the ratio of the calculated biplane
drag coefficlient to the monoplane drag coefficient at the design
condition increases from O. 18613 to 0.29896 due to decrease in the

proJjected thrust surface when the surface contouring is elpployed.
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Figure 4. Ratio of the biplane drag coefficient to the
monoplane drag coefficlent as a function of

the Mach number. Design Mach number 1s 6.
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Figure 5 The percentage of the surface which intercepts the

expahsion fan as a function of the deflection angle.

1f the pressures in the affected portion of the surface are restored to
+c that wheve

the value priorh}he expansion fan intercepts the surface_without change

of the surface geometry’the drag reduces to zero.

.IJ LJ_U-‘—’-‘J-’H
o

downstrean
region

expansion
region
- axis of symmsetry
Figure 6. The effect of surface contouring on the projected

thrust surface. (A,A=Projected thrust area)
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The pressure_contours and the pressure distribution along the surface

for varlous deflection angles at the design Mach number 6, are given in

Figures 7 and 8.

s deflection angles

Pressure contours at variou

Figure 7.

surface as seen in

All of the reflected expansion fan does not meet the

the Figure 7. In other words, part of the expansion fan spills from
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the system and interacts further with a shotk ot the ?roﬁ‘u'ug ed¢e of
the <iudf. Ihe expansion fan generated at the shoulder meets the axis
of symmetry at AB. The reflected expansion fan therefore starts at
point A and interacts with the original expansion fan. The effect of

this is seen as the curved contour lines 1n Figure 7.
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Figure 8. Pressure distribution along the surface for

various deflection angles.
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A similar prpblem exists at Mach numbers at which the reflected shock
wave interacts with the expansion wave. At these Mach numbers, the
reflected shock wave curves and meets the surface earller than . 1is
predicted from the linear theory (Figure 4q). This results in increased
thrust in the expansion region. Instead of the ratio of the biplane
drag to that of monoplane drag increasing to the value of 1.0 along a

straight 1line, a more gradual Iincrease is obtalned as shown 1In

Figure 9.
3
S
[ 7]
A
ég.
s ;
c, e 10 - » = -
CELL NUMBER
(a) Pressure distribution along the surface.
(b) Pressure contours within the system.
Figure 9. The interaction of the reflected shock wave

with the expanslon wave from the shoulder.

4.1 Shock Saearing

The smearing of the discontinuities, such as shocks, presents a problem
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in numerical methods when high accuracies are required. The
calculation of the wave drag and complex geometrles usually require
such discontinuities to be represented quite precisely. Godunov’ s
first order method tends to be diffusive at weaker shocks in two
dimensional flows. However, it does capture the shock well, and the
calculated pressure, density and temperatures agree with the values
obtained using the oblique shock equations within 2% in the range of

deflection angles studied (1° - 15°).

The Busemann scramjet used in this study is a long and very narrow
biplane. In order to show pressure contours clearly they are plotted
on a geometry which 1s stretched in the vertical direction by a factor
of 2. This tends to spread the shock waves twice as much in this

direction hence falsely accentuates the smearing.

The width of the shock waves seen in these pressure contours 1s not
only due to the smearing but also due to the finite dimensions of the

cells. Shock waves will pass through several cells on each row as

shown in Figure 10.

./'
incident
shock waye e -
reflected

shock wave

Figure 10: Surface cells which the incident and reflected

shock waves pass through at the design qondition.
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Figure 11 gives the pressure distribution along the axis of symmetry
for the various deflection angles at the design condition. The small
hump, A, seen in these pressure profiles 1is the result of this
averaging process. The shock wave reflects from the surface Just prior
to the shoulder causing the small 1ncrgase. hence the hump in the
pressure distribution along the axls of the symmetry. This effect is

cancelled with the expansion wave emanating from the shoulder.

At the design Mach number and at Mach pumbers less than that of the
design value (at. which a symmetrical wave;\sdistributlon obtained in
linear theory) there 1is an over-expansion region starting at the
shoulder (Figure g8). The flow conditions recover and reach the correct
‘values rapidly. This effect again is due to the finite dimensions of
the cells employed to represent the flow and the first order nature of

the code, and proved to be very difficult to overcome without post

processing of the results.

The advantage of the Godunov’ s method 1s its accurate prediction of the
fluld properties in complex flows. From the ratio of the predicted
pressure to the upstream pressure and upstream Mach number the shock
angles can be calculated accurately. This allows the use of post
processors to eliminate the numerical diffusion of the discontinuities
from the results. However, writing a post processor which deals with
the regions where the interaction of waves take place, 1is difficult due

to the complexity of the logic involved.
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Figure 11: The pressure distribution along the axis of

symmetry at the design mach number, 6.

4.2 A Primitive Combustion Model

Al LW e e s

A primitive attempt has been made to study the fuel combustion in the
Busemann scramjet by adding heat at the throat (Figure 12). This is an
tdealized situation, in which it is assumed that the fuel is added and
completely burned in the rectangular combustion chamber located between
the combustion and the expansion regions. In this approximation, the

increase in mass and the change in the compressibility factor which is

normally assoclated with combustion, are ignored.
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Figure 12. Heat addition at the throat of the Busemann scramjet.

The results obtained by adding heat at the throat are given in Figures

12 and 13. Even at high deflection angles and Mach numbers, thrust

varies linearly with the amount of heat added. The

experimental work shows that, the fuel at the hypersonic speeds does

not burn efficiently. Further study is required to examine varlous

mixing functions and numerically determine the most efficient ones.

Once this 1s achieved, work has to be carried out on how to achleve

such mixing in the physical sense.

Y
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0.4 qQ* added heat
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! 0.8¢%
3 ,.,{
3. 64
2. 0

Figure 12. variation of thrust as a function of qdded heat

at the design Mach number, 6.
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Figure 14: The gap to chord ratio as a function of the

deflection angle.

7.0 Conclusion

The results obtained with the code, agree closely with the results
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derived from the two-dimensional linear theory. In the linear theory
the width of the expansion fan, hence the isentropic pressure drop at
the surface, as well as the non-linear effects of expansion and shock
wave interactlons are jgnored. The numerical analysls includes these,
therefore the numerical reéults at the Mach numbers, where the
symmetrical wave distributions and monoplane drag obtained in the
linear theory, are better representations of the physical solutlons.
At the other Mach numbers, the result;s of the code and the linear

theory agree within 0.1%.

The non-llnear effects increase rapidly at first with the increasing
deflection angle. This increase becomes more gradual for the larger

values.

For deciding the value of the deflection angle to be used, one has to
consider the overall problem. As the deflection angle lncreases the
gap to chord ratlo (Figure 14) increases. The scramjet has to be
located at the bottom of the spacecraft for aerodynamic considerations.
This allows the more dense and high pressure air behind the shock wave
originating at the leading edge of the craft to be used as the upstream
air entering the scramjet. Hence, the gap to chord ratio should be
such that only the air behind the shock can enter the scramjet. The
other crucial consideration is that, the temperatures should be limited
to 2000° Iin order to facilitate combustion. For this reason,
deflection angles of 4° - 6° are thought to be suitable in this

applicatlon.

The combustion model used in this study is not an adequate one by any
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means. The alm of this study 1s to determine, if possible, a mixing
function which will allow the fuel to mix at the hypersonic speeds.
Once this is achieved, physical means of achieving such mixing have to

be sought.

It is possible to obtaln more accurate results by using a second order
method. However, this procedure is expensive ln computer memory since
it requires four times the memory of the first order method and may
become prohibitive if the real gas effects are to be included without
the use of supercomputers. Supercomputers seem to be outside the
budget of many universitles at present. This may force more
experienced researches into developing post processors which require
better understanding of the physical problem under study, but does not

require the use of the larger and more expensive computers.
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PARAMETRIC STUDY ON THRUST PRODUCTION IN THE Two DIMENSIONAL SCRAMUET

by
Gary A. Allen, Jr.

1. Introduction

There are many possible scramjet geometries with different thrust production
processes. In this paper we will examine one of the simplest geometries
which is the two dimensional open duct scramjet. The particular thrust
production process which we will study occurs where the burnt and quenched
fuel-air mixture has passed over the diverging section of the scramjet. A
phenomena of particular interest in this paper is the influence upon thrust

by the variation of diverging sectlion angle.

Our theoretical model for the thrust production process was the steady,
compressible, two dimensional Euler equations, assuming a perfect gas. The
Euler equations were solved through a computer program using a numerically
integrated form of the nonhomentropic method of characteristics. The
advantages in using this simple theoretical model were in the resultant
computer program being small, extremely fast and usable on a low cost

personal computer.

2. Theory

The use of characteristics in studying the scramjet is by no means original.
Antonio Ferri in his classic paper [1] on axisymmetric scramjets used
characteristics with a simple combustion model. In a paper by R.J. Stalker,
et al. [2] the thrust production process for a two dimensional scramjet was
described using diverging and converging Mach waves based on an approximate
theory developed by Weinbaum [3]. Our approach to this problem employs the
physical model used by Stalker, et al. with a nonisentropic (or more
precisely a nonhomentropic) characteristics method as shown in Vincetti and

Kruger [4].

The fundamental equations are the steady, two dimensional, compressible Euler

equations cast in Cartesian coordinates:
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Where p is density. u is velocity in the x direction. v is velocity in the y

direction.

streamline. The y dire

p 1is pressure.

ction is normal to the locai streamline.

The x direction is parallel to the local

If we assume

the flow lis isentropic along the streamline (but not necessarlly isentropic

normal to the streamline), we may recast equations (1)-(3) into the more

simplified form:
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where 6 1is the streamline angle with respect to an axis in inertial space. M

is the Mach number.

is the ratio of specific heats.

7 is the coordinate

along the characteristic (Mach wave) which 1s deflected by an angle i from

the streamline.

deflected by an angle minus ' p from the streamline.
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If we were to assume the flow was completely isentropic {a false assumption
for the scramjet problem), then we could further simplify equations (4) & (S)

into the classical Method of Characteristics solutlon form:

8 =
e (w-8) = 0 equ(6)
2 (w+8) = 0 equ(7)
ag
Where w is the Prandtl-Meyer function which is defined as:
= 7_1&ARCTAN 7+1[M2—11& _ ARCTAN[ [M® - 11° (8)
© o= T ) [ ] equ

It should be mentioned there is a nonhomentropic formulation which uses the
Prandtl-Meyer function as a dependent variable. This form can be found in
Liepmann and Roshko [5]. Using the Prandtl-Meyer function for the
nonhomentropic case initially seemed advantageous since this formulatlion is
quite compact and accurate for the isentropic regions of the flow.
Unfortunately the use of the Prandtl-Meyer function in nonhomentropic flow
requires carrying the temperature as a dependent variable in the vorticity
terms. This created a host of added and unnecessary problems. Therefore it
was concluded the pressure, theta technique shown in equations (4) & (5) was

the superior approach.

The classical Method of Characteristics method shown in equation (6) & (7)
can be integrated exactly. However the nonhomentropic formulation in
equations (4) & (5) needs to be integrated numerically. If a first order
finite difference technique is used on equations (4) & (5) then the following
is derived:

[Mj-ﬂ"‘
& -8 =-——— [P -P] equ(9)
k J y M2 p k 3
1)
M2 - 11"
ek - 9i = -————2————-[Pk - Pi] equ(10)
7 M1 Pi

The solution procedure assumes all conditions are known ét points: 1 and J.
The values for Pk and Gk are found directly from equations (9) & (10).

However in order to propagate the solution the Mach number for point k needs
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to be calculated as well. This Mach number is found by assuming the flow is
isentropic along streamlines. The solution procedure is to extrapolate the
path of the streamline backwards to a region in the flow where pressure and
Mach number are known. The values for pressure and Mach number are then
found by interpolation. This process of stream line path extrapolation
following by interpolation is the most computer time intensive activity in
the program. Once the Mach number and pressure have peen found on the stream
line then one can calculate pressure at point k by utilizing the isentroplc

chain.

The maln source of error in using this method comes from the growing
uncertainty in the streamline’s position with respect to the location of the
two corresponding Mach waves. Thls uncertainty in the streamline’s position
degrades the accuracy of the interpolation process. This in turn reduces the

accuracy of the solution at point k thus propagating the error.

In principle this method can deal with shock waves since the theory allows
for changes in entropy along a streamline. However this theory was usable
only because the combustion process was assumed to be quenched before it
encountered the scramjet’s thrust producing expansion fan. Unfortunately it
is likely that induced shock waves would cause local reignition of the
fuel-air mixture introducing complicated chemical and real gas effects which
were not modeled by the theory. Therefore the computer program developed with
this theory looks for the coalescence of Mach waves which would indicate the
formation of a shock wave. When 2 shock wave l1s detected, the program prints
out a warning message. Fortunately induced shock waves do not occur until
the scramjet 1s near its operating limit. Therefore induced shock waves were

not a serious limitation to this method.

3. Computer Program

The computer program developed 1n this study was written to be usable on a
personal computer or work station employing the MS-DOS or UNIX operating
systems. The computer program’s source code (written in C) can compille first
time without error on a wide variety of computers, 1i.e. IBM-PC, HP-9000,
Perkin-Elmer, Iris, etc. The complled program is optimized for both speed
and minimum memory requirement (25 CPU seconds on an IBM—?C/AT). The basic
scramjet geometry described by the computer program is depicted in Figure 2:
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Figure 2. Basic Scramjet Geometry

The computation starts at the leading Mach wave which is the first Mach wave
of the expansion fan radiating from the diverging section corner as shown in
Figure 2. The fuel/air mixing layer along the leading Mach wave is divided
into forty characteristic pairs. The air region above the fuelrsair layer
region is divided into another forty pairs up to the top of the duct. The

scramjet is assumed to be an open duct type, viz. no upper surface.

The expansion fan is divided into flve regions where each region |is
subdivided into seven sectors. Six hundred and forty characteristic pairs
are generated for each region. When the next region is calculated, all but
the last sector of characteristic pairs from the previous reglon are thrown
away resulting in the computer’s data memory requirement being kept below 64
kilobytes. This 64 kilobyte memory restriction is a consequence of using
personal computers with the Intel 80x86 microprocessor. There are programing
methods for getting around this problem, 1i.e. dynamic memory allocation with
pointer arrays. However these alternative methods increase the program’s

complexity, and reduce portability.

Once the expansion fan has been calculated, the program then calculates the
characteristics down to the surface of the diverging section (thrust
surface). The characteristics are each evaluated to determine if they cross
prior to encountering the thrust surface. 1f the characteristics do cross,
then it is assumed a shock wave has formed resulting in the computer program
generating a warning message. Characteristics reflecting away from the
thrust surface are not checked to see if they cross since it is not believed

that reflected induced shock waves are significant to thrust production.
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The characteristics leading to the thrust surface are divided into ten
regions each with six hundred and forty characteristic pairs. Calculation of
total thrust is found by integrating the local wall pressure over the thrust
region using the trapezoidal rule.

The scramjet 1is assumed to always have central fuel injection. Wall
injection 1is certainly worth investigation. However to theoretically
investigate wall injection, one must consider boundary layer effects and wall
heat transfer, both of which would greatly complicate the theory and computer

program.

The fuel/air mixing layer as it encounters the leading Mach wave is described
by Gausslan distributions for the Mach number. The initial velocity vector
is assumed to be parallel to the wall. The initial static pressure 1is
assumed to be uniform across the duct. The Gaussian distributions Mach
number are matched to the duct air layers on both boundaries of the fuel/alir
mixing layer. The ratio of specific heats is assumed to be uniform
throughout the scramjet. It should be emphasized that these initial
conditions are input parameters based on experimental data and are not

actually calculated.

The program was tested against a nozzle designing program written by P.
Jacobs [6] to establish it's basic validity. The nozzle designing program
was developed to solve for homentropic flow with Riemann invariant
characteristics. It was found the two programs generated results with very
good agreement even though the characteristic mesh resolution and solution

procedures were different.

4. Experimental Data

The experimental data used for comparison with this computer program Wwas
taken from the R.J. Stalker, et al. paper. The data was generated in the T-3
shock tunnel at the Australlan National University, Canberra. Table 1 shows
the test conditions for the three experiments used in calibrating the
software. This data roughly corresponds to a flight Mach number of about
eight.
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Table 1. Experimental Test Conditions (from ref. [2]))
Fliolkt Wackh Mg . =] tq-5 13
Tes€’Case No. 1 2 3
Stagnation Enthalpy (MJ/kg)" 4.3 6.1 8.7
Precombustion Pressure (kPa)® 140 180 160
Precombustion Temperature (K) 1300 1900 2500
Precombustion Velocity (km/sec) 2.42 2.85 3.26
Precombustion Mach Number 3.50 3.35 3.40
Ratio of Specific Heats, 7 1.35 1.32 1.32

®Experimental error % 3%, bExperimental error * S%4
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Figure 3. Mach Number Profiles Prior to the Expansion Fan (from ref.[2])

The initial Mach number profiles in the duct are shown in Figure 3. These
Mach number profiles are measured normal to the duct’'s axis of symmetry in
the fuel/air mixing layer just prior to where the duct’s flow encounters the

leading Mach wave (see Figure 2).

Figure 4 shows the pressure on the thrust surface corresponding to the three
test conditions. The vertical axis in Figure 4 uses the pressure parameter

AP/P. This pressure parameter is based on statlic pressures and is defined as:

_ Pressure(Fuel On) - Pressure(Fuel off)

B Pressure (Precombustion) equ(10)

ap
P

The precombustion pressure was measured in the duct just prior to the leading
Mach wave of the expansion fan. The Fuel On and Fuel Off pressures were
The Fuel On
The Fuel

Off value was the wall pressure measured when combustion had not occurred due

measured from a set of pressure taps on the thrust surface.

value was the wall pressure measured when combustion had occurred.
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to the fuel (hydrogen) not belng injected. The horizontal axis in Figure 4
is the radial distance in millimeters downstream from the diverging section

corner as shown in Figure 2.
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Figure 4. Open Duct Pressure Distributlons (from ref.[(2])

The pressure profiles shown in Figure 4 are double humped. The right most
hump 1is relevant to the analysis of this paper while the left hump pertalns

to other combustion processes within the duct.

The actual dimensions of the experimental scramjet were not provided in the

original paper. They are now provided in Figure S.
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Figure S. Physical Dimensions of the Experimental Scramjet

5. The Effect of Ramp Angle on Thrust Production

The angle of the T-3 experimental diverging section was fifteen degrees (see
Figure 5). A parametric study was performed which involved _varying the angle
of the diverging section. The results of this studying are depicted in
Figures 6. 1-6.3 which correspond to the three cases examined experimentally.
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The vertical and horizontal axis are the same as used in Figure 4. Each plot
shows nine _cllfferent pressure traces for different diverglng section angles
starting with an angle of three degrees and going through a range of angles
at two degree increments to a final diverging sectlon angle of nineteen
degrees. It was observed that the maximum pressure occurred in Figure 6.1 at
a ramp angle of 10.9 degrees. In Figure 6.2 the maximum pressure occurred at
a ramp angle of 9.7 degrees. In Figure 6.3 the maximum pressure occurred at

a ramp angle of 10.6 degrees.

Thrust was calculate by integrating the pressure over the entire length of
the trace. Plots showing thrust as a function of diverging sectlon angle for

the three test cases are shown in Figure 7.
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Figure 7. Scramjet Thrust as a Function of Diverging Section Angle
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Figure 8. Scramjet Axial Thrust as a Function of Diverging Section Angle
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Before this study was performed, it was speculated that the Euler equations
might reveal an optimum diverging section angle which yielded maximum thrust.
Figure 7 shows the total thrust increased monotonically as diverging section
angle increased. Axial thrust is the component of total thrust which would
overcome drag in a hypersonic vehlcle. Figure 8 shows axial thrust
increased as diverging section angle increased. Obviously the Euler equation
model for thrust production would breakdown where the diverging section angle
increased sufficiently to cause flow separation from the wall. Also our
model of a scramjet assumed the thrust surface was infinitely long. Clearly
in an actual scramjet the thrust surface must have a finite length. The
relevance of thrust surface length was demonstrated in Figures 6.1 - 6.3,
where the pressure hump increased in length with an increase in diverging
section angle. At some angle the pressure hump would spill off of the thrust
surface. Although it was not revealed by our approach with the Euler
equations, for a real scramjet there would be an optimal diverging section

angle for maximum thrust production.

6. Conclusions

In this paper we have investigated the thrust production process in the two
dimensional scramjet using a high speed computer program written for small
personal computers. We have shown that for specific diverging section angles
the peak pressure on the thrust surface achieves a maximum value. However we
have also shown the axial thrust does not have a maximum value for a speciflc
diverging section angle provided the thrust surface is infinitely long.
Rather the axlal thrust increases monotonically with diverging section angle.

Computer investigations of the scramjet are usually restricted to the
province of super computers doing runs on the order of CPU hours. This study
has demonstrated that useful information can be obtained from a small and

fast computer program using the Method of Characteristics.
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The Design of a Mass Spectrometer for use in Hypersonic Impulse Facilities

K. Skinner

The value of Mass Spectroscopy as an analytical tool to Chemists has
long been established. The use of Shock Tunnels to produce high density
particle flows (of the order of 0.1 atmospheres) with a stream energy of up
to 10eV, although not as widely applied, has also become well established.
Little work has been done utilising both techniques simultaneously and what
has been done has been mostly concerned with the study of transient chemical
species produced in the reflected shock region of the tunnel. Several
researchers have expanded the test gas through nozzles and skimmers before
sampling the chemistry of the gas. Crane and Stalker' were the first to
attempt Mass Spectroscopy in a high density hypersonic flow expanded from a
reflected shock region through a contoured nozzle, whose purpose was to
produce a uniform test flow, rather than to chemically freeze the expanding
gas in its stagnation state. Their work, however, was never applied to
hypersonic combustion. This work has been to investigate the use of a mass
spectrometer to analyse the reacting gases in hypersonic combustion.

While hypersonic combustion is uniquely suited to mass spectroscopic
analysis, a rather severe set of constraints exist at present which act to
limit and define the design and the performance of such an experiment. A
mass spectrometer is uniquely suited analysis of hypersonic combustion
because it provides the possibility of sampling free stream flow without
causing the chemistry of the sample to be altered. Static combustion mass
spectroscopy suffers from the handicap that the sample that is analysed is
drawn from a region adjacent to the combustion chamber wall and the presence
of the wall influences the chemistry. If the combustion is occuring in a
flow at subsonic speeds then the presence of the instrument in the flow will
affect the flow upstream of the instrument and hence perturb the chemistry.
In supersonic flow it is possible to introduce a hollow conical skimmer which
samples the flow at the tip of the cone without affecting the flow upstream.
The cone angle on such a skimmer must be kept sufficiently low that the shock
wave off the nose must remain attached. The cone angle of the hollow
interior of the skimmer must be large enough to prevent those molecules which
strike the inside walls of the skimmer from having a large effect on the
chemistry of the axial flow. Only in hypersonic flow can these mutual
conditions be satisfied.

Due to the nature of hypersonic facilities which are currently
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available, the design of a mass spectrometer is limited in several critical
aspects:

1. Hypersonic test f acilities typically have very short test times.

2. They deliver an impulsive load to test instruments.

3. In all Mass Spectrometers 2 high vacuum must be maintained

throughout the test.
4. For safety reasons combustion experiments must take place
within a pressure vessel.

1. Test Time

The very short test time immediately restricts the general type of Mass
Spectrometer which may be used productively to a Time-of -Flight instrument.
Magnetic Sector or Quadrupole mass filters may be used, but if so, then only
one mass may be sampled during each test time. A Time-of-Flight mass
spectrometer, however, is capable of mass analysing a complete spectrum in
only 100 microseconds from a single pulse of ionised sample gas. Magnetic
sector mass filtering or magnetic focussing are also undesirable on the
grounds that they require precise mechanical alignment and suffer from
vibration problems.
2. Impulsive Test Flow

Regardless of the available volume of the test section of the flow
facility, the cross-sectional area of the instrument must be kept to a
minimum. This is to avoid the problems of choking and/or upstream influence
which may occur when the instrument is moved close to a wall, strut or fuel
injector, and to reduce the amount of impulsive force which is applied during
a test run. To attain any required internal volume, therefore, the length of
the instrument must be adjusted while the cross section is kept to the
mimimum required to maintain sufficient expansion of the sample within the
instrument.
3.(a) Vacuum - Pump requirements

The vacuum needed within the Mass Spectrometer is determined by the
length through which the ions must travel to the ion detector after leaving
the ionisation region. The mean free path of particles must be longer than
this distance, which we may assume to be of the order of one meter. This
means that the vacuum necessary is of the order of 0.001 Pascals. Pumps that
are used to produce this order of vacuum are usually complex and sometimes
delicate. Whatever type of pump is used, it should be built into the
instrument so that the distance between pump and the high vacuum regions is

kept to a minimum. Placing the pump at some distance from the instrument,
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possibly even outside the test section vessel, limits the effective pumping
speed to the diffusion rate along the connecting tube.
3.(b) Vacuum - Skimmer Constraints

As mentioned, a sample of gas from the combustion region may be expanded
within a hollow conical skimmer with a small orifice at its tip. The stream
tube, passing through this orifice, experiences close to a free jet expansion
when the interior walls move away from the molecules faster than their
thermal velocity. An important consideration in the design of these skimmers
is the detrimental effect that the front orifice is going to have on the
vacuum inside the instrument. The final vacuum attainable inside the
instrument prior to a test, is determined when the leak rate through the
front orifice is equal to the pump throughput. Small orificed hollow
skimmers are hard to manufacture in practice, so a better ultimate vacuum may
be attained by increasing the number of skimmers and introducing intermediate
volumes which are kept at intermediate pressures. Each extra skimmer,
however, introduces new possibilities for interference with the sample and
the need for another vacuum pump.
3.(¢c) Vacuum - During Test

During a test, while gas is flowing into the instrument through the
skimmer orifices, the vacuum inside the instrument will deteriorate unless
the volume behind the skimmmers is large. In a time-of-flight instrument,
the important regions requiring a high vacuum are in the ijonisation region,
the drift region for the ions, and the ion detection region. (See Figure 1.)
Since the molecules passing through the skimmer have highest mobility in the
direction of the skimmer axis, the vacuum in these important regions are
maintained longest if they are situated at an angle (optimally 90 degrees) to
the direction of the molecular beam. Another consideration limits the extent
to which this can be achieved, however. Ions which are formed from the
molecular beam behind the skimmer have an initial velocity component in the
direction of the neutral beam. Different masses, however, have different
energies which correspond to an equivalent velocity. This means that as the
ions are accelerated radially by an electrostatic field, and thus given
different radial velocities, their resultant velocity vectors will make
different angles to the axis of the skimmers. This fanning out of the ions
can be minimised by reducing the angle at which the ions are accelerated and
by increasing the accelerating voltage on the jons. A limit is placed on the
accelerating voltage, however, as a high ion energy implies a faster ion

transit time and hence a faster output spectrum. The speed of the available
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data recorder places an upper limit on the value of the ion accelerating
voltage.
4. Pressure Vessel

Conducting experiments with combustion of flammable gases requires a
design which will not endanger lives and if possible, equipment. The test
section must therefore also be a pressure vessel, and the experiment should
be completely confined within this vessel. In the normal course of operation
of an impulse test f acility, this test section will hold any pressure from
vacuum up to the maximum rating of the vessel. This means that Pumps must be
able to operate within a fluctuating pressure environment and all electrical
connections must be insulated against arcing.

Clearly the shape, size, skimmer arrangement, and the vacuum system for
the mass spectrometer are strictly limited by the environment of the Impulse
Hypersonic facility. Remaining design questions focus on the production,
treatment and detection of the jons within the instrument.

When deciding what method of ionisation to use, three things need to be
considered: Will all the different species be jonised approximately equally
in a predictable way? Will the ioniser interfere with the chemistry of the
sample in an unpredictable way? And will the ioniser be cheap, dependable,
small and robust? The first two requirements will only be satisfied by a
beam style of ioniser, as all other methods require avalanches of electrons,
accelerated in an external field. Of the possible beams, (ion, electron, or
photon), only electron beams satisfy most of the third requirement. Ion
beams are not simple to produce and will pollute the chemistry of the sample.
Photo-ionisation occurs at wavelengths of 800 angstroms or less (far
ultra-violet) for single photon jonisation, and even SO, the ionisation
cross-section is two or three orders of magnitude smaller than for an
electron beam.

The treatment of the ions after formation consists of passing them
through an acceleration region and then focusing them onto an jon detector.
The choice of ion detector is not constrained by this application.
Constraint is placed on the means of data recording, however. It must be
fast enough to maintain reasonable resolution over the period between the
arrival of the first and last jons in the spectrum. With a sufficiently fast
data recorder multiple spectra may be taken throughout the test time of the
flow, each spectra corresponding to a single pulse of jonising electrons.

1. Crane, K.C.A., and Stalker, R.J., "Mass Spectrometric analysis of
hypersonic f lows", J Phys. D: Appl. Phys., Vol. 10, pp. 679, 1977. '
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SHOCK TUNNEL DRAG MEASUREMENT

By S.L. Tuttle & J.M. Simmons
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SHOCK TUNNEL DRAG MEASUREMENT - S.L. Tuttle & J.M. Simmons

The development of the drag measurement technique initlally started by
Sanderson and Simmons in 1988 was continued in 1989. The method was to
allow a stress wave caused by the impact of the flow on the model to
propagate along a sting of sufficient length to enable the measurement
of the resulting compressive strain before the return of any reflection.
This requires the knowledge of the model’'s impulse response So that

the Iinverse force problem may be solved by means of deconvolution.

The method was at a stage where the measured and deconvoluted drag would
agree with Taylor-Maccoll theory to within 10% The model geometry
was such that skin friction could be entirely neglected ( the model was a

cone of 15 degree semi-vertex angle ).

The new model was a S degree semi-vertex angle cone of more than double
the length of the previous one. This made the inclusion of skin
friction essential, and made the stress waves reflected within the model

very apparent.

Probably the single most significant difference was the signal-to-noise

ratio. The strains measured were of the order of several microstrain
only, the drag being a factor of between 4 and 10 less than for the
15 degree cone. The noise on the signals obtained from the shots with the
S degree cone was in many cases the same size as the overall signal upon
which it was superimposed. The noise In the case of the earlier 15 degree
cone was on average only about 6% of the total signal, and could

effectively be completely filtered out.

The term 'noise’ in the case of the 5 degree cone data refers not only to
the random electrical nolse, but also to the passage of small ' packets’
of reflected stress waves through the overall signal. These were most
apparent in the dynamic calibrations where the loading was far more

coherent than that occuring in the shock tunnel.
The process of filtering the data was thoroughly explored and it soon

became apparent that no filter would remove sufficient -noise, whilst

leaving the overall signal acceptably unaltered, to enable an
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intelligible level of drag to be deduced after deconvolution.

This then necessitated polynomlal curve fitting to the experimental data
in order to obtain a sufficlently clean signal, as noise lis greatly
amplified in the deconvolution. This curve fitting approach gives quite
close agreement between the measured and predicted drag, although there
are short comings with the method, again predominantly due to the

excessive amount of noise which makes a very good curve fit difficult.

Two methods are being used to predict the drag, each a varliation on
Newtonian theory. The first uses the measured pitot pressure, while the
second replaces this with pv2 calculated from T4 data. Both methods

include a skin friction component which 1s scaled to follow the T4 pitot
pressure trace, starting from an {nitial value calculated using simple

boundary layer theory.

At this stage the agreement varles between very good and about 10%
difference at worst. Five shots were done covering four different
tunnel conditions and examples of these results are attached, with the
shock tunnel conditions included for each. For each shot there 1is data
from wire resistance strain gauges and semiconductor strain gauges, both

mounted at the same axial sting location.

Another area which needs to be addressed is the curve fit which is again
due to the poor signal-to-nolse ratio and it is believed that this can be

improved.

In conclusion, it can be seen that despite the severe difficulties
imposed by the excessive amount of noise on the signals, the drag ,which
may consist of a significant amount of skin friction, can be measured to
a reasonable degree of accuracy for this stage in the development of this

drag measuring technique.
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Shot # 1186 : Stagnation enthalpy

Stagnation pressure
Mach number
Static pressure
Static temperature
Density

Velocity

Shot # 1187 : Stagnation enthalpy

Stagnation pressure
Mach number

Static pressure
Static temperature
Density

Velocity

Shot # 1189 : Stagnation enthalpy

Stagnation pressure
Mach number

Static pressure
Static temperature
Density

Velocity
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18.67 Mj/kg
48 MPa
5.18
24.31 kPa
2516 K
0.0303 kg/m’
5240 m/s

10.60 Mj/kg
49 MPa
5.40
22.00 kPa
1500 K
0.052 kg/m°>
4050 m/s

6.20 Mj/kg
S0 MPa
5.81
18.40 kPa
785 K
0.0811 kg/m’
3220 m/s
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KEY TO DRAG PLOTS

- - sz Newtonian + skin friction
-.-.-.— pitot Newtonian + skin friction
—————— deconvoluted drag

curve fit to measured drag
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DEVELOPMENT OF A SKIN FRICTION GAUGE FOR USE IN AN IMPULSE FACILITY

Gabrielle Kelly

The skin friction gauge designed for use in T4, as described in the previous
submission, was designed using plezoceramics. The ceramic PZT-7A Shear Plate
was selected as the appropriate piezoceramic material due to its sensitivity
in shear and theoretical zero cross axis sensitivity. A sensitivity to axial
pressure was detected and in order to decouple the extranous pressure effect
which distorts the true shear signal two ldentical sections of the ceramic
were used. One was inverted with respect to the other in the axial plane.
Thus the summation of the two separate signals cancels the pressure effect
and doubles the shear stress signal. The design was tested in June 1989 in T4
using an existing flat plate model. Since the signal generated was predicted
to be small it was amplified as close as possible to the site of signal
detection in order to prevent contamination of the signal by noise. As such a
cavity had to be built into the model to house a suitable charge amplifier.

In the first set of results we found the signals to be much larger than
expected. This we summised was for two reasons. Firstly, despite the fact
that heat transfer calculations had indicated the thermal cover thickness was
sufficient to precludethe piezoceramic from “seeing” a temperature rise 1in
the test time, thermal expansion of the cover material had not been taken
into account. As such part of the signal generated was due to thermal
expansion of the cap placing the piezoceramic under strain. This effect was
in fact in the opposite direction on each of the ceramics so that summation
of the signals canncelled this thermal effect to the first order. Thus the
original design catered for this oversight.It was however preferable to
reduce this effect since the magnitude of the real shear .stress signal was

swaped by the thermal signal and any real accuracy in determining shear
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stress was diminished. The other extraneous effect was that resulting from
the test gas coming into contact with the electrical configuration of the
charge amplifier. Since in this particular model it was impossible to
completely seal off the cavity in which the charge ampliflier was situated the
effect of the gas contacting the electrical connections was apparent. The
signal was concluded to be an ionization effect even though little fonization
was predicted at the test conditions used. In the presence of Argon the
signal generated was as expected. In alr it was swamped by the jonization
factor. Reduction in temperature reduced the effect but it was impossible to

remove it other than through the use of Argon.

The next series of tests run, were using a new flat plate model in which the
cavity for the charge amplifier was able to be completely sealed. The results
were vastly improved. The new model also was designed with a thicker thermal
cover which was capped off with bakelite disc (a material which exhibits a
zero coefficient of thermal expansion). This series of tests brought the
signals down to a sensible and expected level. Unfortunately the signal did
not emulate the behaviour of the stagnation pressure. After an original rise
the signal seemed to have a decaying sinusoidal wave super imposed on it. This
behaviour was exhibited by both ceramic transucers - identical in size and
nature, but opposite in sign. This would seem to suggest that the effect was
one experienced in the axial direction of the transducer and perhaps
could be explained as the presence of stress waves through the
thermal cover to the ceramic. Unfortunately due to the limited time
available in T4 the tests were concluded in October 1989. Due to the
fact that 1 wish to bring these tests to a conclusion as soon as
possible I have opted to test the gauges 1in TQ. This facility is in
less demand and can be operated by the user alone and has the added

advantage of a short turn around time. This effectively means the gauge can
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undergo more thorough testing and I can reach conclusions as to the last
extraneous effect as soon as possible. I feel confident that this behaviour
can be explained by either the presence of stress waves or a still
unresolved thermal effect. The results of these tests will be finalised in

the next two months.
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ABSTRACT.

We describe a simple procedure for the design
of axisymmetric supersonic nozzles for use in
reflected-mode shock tunnels. This msethod has
been used to design a moderate Mach number (M = 4)
nozzle and a high Mach nusber (M = 10) nozzle.
Both nozzles have been callbrated by measuring the
pitot profiles near the nozzle exit planes and,
although the M = 4 nozzle perfores well, the
M = 10 appears to have reached a Mach number -

pressure limit in which the unsteady nozzle
boundary layers significantly affect the test
flow.

INTRODUCTION.

A new generation of aerospace planes 1is
currently being developed. These vehicles will be
powered by air-breathing engines and so spend a
considerable fraction of their flight accelerating
through the atmosphere. This wmeans that high
speed (v ~ 3-7ka/s) aerodynamics will again become
a focus for fluld dynamic researchers.

Experimental facilities capable of providing
test flows at these speeds supply a pulse of test
gas that lasts only a few milliseconds. To make
the best use of the high enthalpy test gas, 1t is
expanded to a high-speed unifors and parallel
flow. For the shock tunnel facility T4 (Stalker &
Morgan 1988), this 1s achieved by using an
axisymmetric nozzle in which the gas is initially
allowed to expand through a conical section and is
then redirected by the contoured part of the
nozzle wall to produce a unifora test fiow at the
nozzle exit plane.

Impulse facllities such as T4 typically
operate at total enthalples (H‘) of 10 - 30 MJ/kg

with associated stagnation temperatures (T‘) of
SO000 - 12000 K and stagnation pressures (Ps) of

40 MPa. At these conditions there is a strong
coupling between the chemical reactions of the
dissociated air and the axisymmetric gas flow.
This coupling complicates the design calculations
significantly. However axisymmetric nozzles for
non-reflecting shock tunnels have been designed
using the method of characteristics (MOC} with
chemical reactions by Mudford et aj (1980). In
their design they note that the contour shapes
computed for a chemically reacting flow were
similar to that computed for a perfect gas with
a sultably chosen ratio of specific heats. 7.

This leads us to approach the design process
in a simple fashion and treat the total flow as
two relatively simple flows patched together. We

treat the early expansion of the test gas in the
conical section as a quasi-one-dimensional flow
with finite-rate chemical kinetics. At the exit
of this cone we assume that the flow is a uniforms
source flow and that the chemical reactions are
frozen. We then treat the flow in the contoured
section as axisymmetric flow of a perfect gas
where 7 has been chosen to approximate a
chemically reacting flow over the same expansion.
The MOC calculatlon of the flow in the contoured
section is then the “standard”™ perfect gas
procedure described in Liepmann & Roshko (1957).

This approach has been used to design a
nozzle with exit Mach number, M = 4 for use in
supersonic combustion studies (see flgure 1a).
Its performance in teras of flow uniformity
appears to be adequate. A high Mach nuaber
(M = 10) nozzle was also constructed (see figure
1b). 1t has a two-stage initial expansion to
reduce the time required for the test flow to
reach steady state. Unfortunately, for nozzle
stagnation pressure P, < 40 MPa, the boundary
layers that develop on the nozzle wall
significantly affect the uniforsity of the flow.

MACH 4 MOZZLE.

We will consider the design of a specific
nozzle with M = 4 and a throat diameter of 25.0ma,
at nominal stagnatlion conditions P, = 30.&MPa,
H, = 16.20/kg (T, = B8000K). The conceptual
layout of the nozzle is shown in flgure 2. For
computational convenience, we set the origin of
the axial coordinate, x, at the start of the
conical expansion.

For the initial conical expansion, we choose
s cone half-angle of 12° and we assume the flow to
be a unifors source flow at the end of this
section (x = 98mm). Zonars (1967) indicated that
throats with a constant area section with length
equal to the throat diameter produced “excellent
high temperature source flow characteristics when
seasured in conical nozzles™. Hence we do not
analyse the transonlc flow near the throat as done
in a nuaber of other studies (e.g. Sivells 1978).

The flow in the conical section 1s strongly
influenced by the chemical reactions assoclated
with the dissociation and recombination of the
molecules in test gas. Ve treat this flow as a
quasi-one-dimensional flow with finite rate
chemical kjnetics. Computations are performed
with a FORTRAN progras NEKZF (Lordi et al 1964).
The stagnation region (labelled 1 in figure 2) and
the subsonic flow up to the throat is considered
to be in chemical equilibrius but. once the
program steps into the conical expansion, &
nonequilibrius chemistry model 1s used.
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Figure 1.

Medand M= 10 axisymmetric nozzles
constructed for the T4 shock tunnel
facllity.

We use the flow properties (M and y) at the
end of the conical section as the starting point
for the MOC calculation of the flow in region 3
(source flow), region 4 (transition from source
flow to parallel flow) and region S (parallel and
uniform flow). The gas flow is considered to be
chesically frozen and a value of M at the end of
the conical expansion is calculated using an
estimate of the speed of sound
a = (75 Ry 1000 T)9-5, where S is the sum of the

species concentrations (mole/gm-mixture)
Ry = 8.314 J/gm-wole/X and T 1is the statlc
temperature in K. Here a = 1380 w's. The

computation was performed with the aild of the
program "MOC® documented in Jacobs (1988). The
inlet boundary is specified as a unifora source
flow with M, = v/a = 2.804 and 7 = 1.334. Only 12
points were used on the inlet boundary as the
program retains all of the sesh data in the memory
of the microcomputer. We Dbelleve this to be
sufficlient because Schurmeler (1959) indicates
that a 10 point mesh produced a 0.1% error in exit
height for a two- dimensional nozzle calculatlon.
The Mach nuamber on the axis at point C (in figure
2) 1s computed to be M_ = 4.12. We then step
along the axls downstream of point C and compute
the flow field in region 4 by proceeding upstream
along characteristics such as CA.

Once the characteristic mesh s generated, a
streamline can be Interpolated through the mesh,
starting at point A and finishing where it
intersects the characteristic CD. The data points
on the interpolated streamline are then used in a
spline fitting routine to define the nozzie wall
as a cublic spline with eight knots and specified
end slopes. See table 1 for the wall coordinates.
A boundary layer modification was added to give a
total wall radius

Figure 2. Conceptual view of a hypersonic nozzle.
Stagnation reglon.

Transitlon to source flow.

Source flow region.

Transition to parallel flow
Unifora fiow parallel to nozzle
axis.
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Calibration of the Mach ¢ Nozzle.

The performance of the nozzle was evaluated
by wmeasuring the pitot pressure, P at a

pitot’
plane norsal to the nozzle axis and located a
distance z = 120mm downstream of the nozzle exit
plane. Each pitot probe was fitted with a PCB-112
piezo-electric pressure transducer which measured
the stagnation pressure behind a detached shock
that formed over the upstream face of the probe.
Several probes were mounted in a rake and a number
of shots of the shock tunnel were required to
bulld up each pitot profile.

Figure 3 shows the time history of some of
the pressures. The “raw™ traces for both P‘ and

Ppitol (figure 3A) show the impulsive start and

subsequent decay assoclated with “under-tallored”
operation of the shock-tube. In this msode, the
shock that compresses the test gas reflects 1in
such a way as to allow the compressed test gas to
expand back up the shock-tube. This reduces P’

during the test flow time but delays contamination
of the test gas (air) by the driver gas (helium).
To eliminate the time varlation from our pitot

pressure aseasurements, we norsalize Ppnot by P'
and

with 8 suitable time delay (here 0.2 msec)
filter {time constant = 0.0Smsec). The normalized
traces for 4 pitot probes are shown in figure 3B.
We then discard the first O.Smsec of the trace
which contains the starting pulse and measure the
®ean value over the next O.Sasec. This mean
value, together with an estimate of Its variation
over the test tim~ is plotted as a single point on
the pitot pres:u-  profile.

Figure 4 shows pitot profiles for a nominal
stagnation pressure P. = 13Mpa and three

enthalpies H’ = 16, 8.8 and 6.6MJ/kg. There 1is

some fall-off at the edge of the core flow but
this 1s due to the expansion fan from the trailing
edge of the nozzle propagating into the test flow.
The performance of the nozzle appears to be
satisfactory but we cannot measure how parallel
the flov 1is because the pitot probes are
Insensitive to small changes In flow angle.
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Figure 3. Pressure-time traces for the M= 4
nozzle. P' = 13Pa, B‘ = 16MJ/kg.

A. "Rav" stagnation and pitot pressure.
B. Normalized pltot pressure.

NACE 10 WOZZLE.

The starting process for the flow in 2
hypersonic nozzle involves the propagation of
primary and secondary shock waves and an unsteady
expansion through the nozzle. saith (1966) has
shown that the time, t.. required for the flow to

approach steady state is dominated (1in general) by
time taken to sweep the upstrean head of the
unstesdy expansion out of the nozzle. For conical
nozzles with fixed divergence angle. t' increases

rapidly with M. To reduce t. (and hence reduce

the amount of gas consumed 1n the starting
process) for & nozzle with large M, we may
increase the divergence angle of the initial
conical sectlon. However, 1f the angle is too
large, the flow will separate.

We will now describe & pozzle with M = 10
and a two-stage initial expansion designed to

avold flow separat ion. Iamediately after the
throat (diameter d = 6am), the gas is expanded
through & cone with a 15 half-angle. From

previous experience, this was the largest
divergence that would give ressonably unifors
flow. Starting at x = 2d, t‘he balf-angle 1is
incresented a further s° (in 1~ steps) over the
pext 8d. The resulting conical sectlon (20
bhalf-angle) is then truncated further downstreas
(st x = 47.7am) and & contoured section added to
straighten the flow.

This contoured sectlion was designed in such

the same way &§ that for the M = & nozzle but st
nominal conditlons H' = 3SMI/kg (T' = 11000K) and

146

0.1 r
A.
P;not
. 1 | sttt
005t [ 38 | |} 3 ¥
L ]
 §
o . )
01 »
r;llot '
s ssssasaisiss®gg
0.05 t
s
| ]
) N
0.1 c
P;itot ’
s llo.‘n.’l"-l
0.05 | §
‘ L ]
] A
-65 [s] 65
r (mm)

Figwe 4. Pitot pressure profiles for the M = 4
nozzle. P. = 13Mpa, H‘ = 120mm.

A M =66M/S
B. M - 8.BUXS
C. H = 160/kg

P. = 30MPa. NENZF was used to compute M = 3.69

and 7 = 1.41 at the start of the contoured
section. This relatively high value of 7 is &
result of the large fractlon of monatomic specles
found at the end of the conicsl expansion.
Coordinates for the complete contour are given in
table 2. No boundary layer podification vas added
to these Iinviscid coordinates. To reduce the
length of the fabricated nozzle without affecting
the usable test core, we truncated the nozzie at
the x-station where the characteristic (=]
{ntersects the estimated position of the edge of
the boundary layer. Because of the large exit
Mach obpumber, the fabricated nozzle was such
ghorter (1 = 1036mm) than the full \inviscid
contour (1 = 1777mm).

Calibration of the Mach 10 Noxzzle.

As for the ¥ = 4 nozzle, the performance of
the MW = 10 nozzle was evaluated by measuring the
pitot pressure downstreas of the nozzle eoxlt
plane. Figure 5 shows pitot profiles for two flow
conditions. Profile A (P' = 20MPa, !. = 30MI/kg)

{ndicates that the nozzle is not perforaing well
and say even have & conical shock present in the
flow. Ve performed sose finite- difference
computations with a parabolized Navier- Stokes
progras and obtained similar pitet profiles when 8
shock was present. Profile B (z = 36%m) shows 8
better proflle, possibly because the shock has
passed out of the test {low core st this axial
position. The expansion propagating from the
trailing edge of the nozzle has reduced the
diameter of the test core at this axial position.
Ve pote also that the normalized pitot traces for
this condition changed continuously through the
test time. This indicates that the boundary
layers on the nozzle wall did not reach steady



state.

0.002
Operating the nozzle at higher pressure (see pitot ’ i T }
profile C. P_ = 40MPa) significantly improves the T N %_}_ __}_ 5 _}_ ]
flow uniformity but there 1s still a depression in 0.001¢ I i } {
the centre of the pitot profile. Ve suspect that
this improvesent In nozzle performance is a result
of reducing the boundary layer that grows along
the nozzle wall. For profiles A and C, we
estimate the total boundary layer thickness at the 0.002
oxltplmtoulknsz-mdc-san. These :

2 C P B.
values scale as lh.1

which indicates that the pltot .
boundary layer s laginar. Assusing that s b—— — N -l .
displacement thickness 8 = 0.33 3, the effective 0.001} !

ares ratio of the nozzle is reduced fros the !

design value 2290 to 1450 and 1680 for profiles A

and C respectively. Values of pitot pressure 0
computed with NENZF for these effective area .
ratios are shown as dashed lines in figure S.

In conclusion. it appears that our design Ppno,_
approach 1s satisfactory for hypervelocity nozzlés
with moderate exit Mach number. However, nozzles s 0.001 —
with high values of exit Mach number need to be b
operated at sufficiently high pressure to ensure }
that their boundary layers do not disturb the core __l ‘C
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REAL GAS EFFECTS N HYPERVELOCITY FLOWS OVER AN INCLINED CONE

by
R.M.Krek

1. INTRODUCTION

Pressure and heat transfer measurements obtained from experiments on a
cone with a half angle 8 = 1s° at angles of incidence g=0"and B = 30°, in
a hypervelocity flow with a nominal Mach number of 5 are presented. Three
stagnation enthalpies were used, H, = 6, 28, and 36 MJ/Kg. The pressure
results agree reasonably well with Newtonian theory, Taylor-Maccoll theory
and with detailed three-dimensional calculations when the flow is frozen.
Pressure measurements at high enthalpy indicate unresolved effects of
enthalpy on the leeward flow. Heat transfer results are also given and are
compared with theoretical values for zero incidence. The data derived from
the 30° incidence experiments, show the same trends as the pressure

distribution around the cone.

The aim of this pro ject is understand the basic dissociation phenomena
which occur in three dimensional high enthalpy flows. A simplified model
consisting of an inclined cone in a hypervelocity flow of pure Nitrogen is
used. Experimental study of this flow at suff iciently high enthalpy should
provide insight into the interaction between nonequilibrium dissociation
chemistry and hypervelocity aerodynamics, and thus help to evaluate the
influence of real gas effects on the pressure and the heat transfer

distributions on the cone.

The expected structure of hypervelocity flow about an inclined cone is
shown in figure 1. The conical bow shock is of greatest strength at the
windward stagnation plane but weakens Wwith increasing azimuthal angle ¢. If

the angle of incidence B, is sufficiently large, the flow in the plane normal
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to the cone axis is supersonic. As the flow expands around the cone surface,
the fluid may be expected to first accelerate, and then decelerate as it
approaches the Jeeward plane of symmetry. The pressure recovery required at
the symmetryl plane requires a pair of cross-flow shocks. Owing to the strong
entropy gradients along these shocks the vorticity of the shock-processed
flow is greatly enhanced, with the resultant formation of a complex
three-dimensional flow containing one or more pairs of streamwise vortices,
and possible shock induced separation from the cone surface. This flow
structure is essentially inviscid (see Marconi 1989) but will be modified by
the presence of shock induced boundary layer separation. We note that for
frozen flow at low enthalpy, (je. constant 7), the approximately conical flow

will contain no dominant length scale.

2. EXPERIMENTAL PROCEDURE

The experiments were carried out in The University of Queenslands T4
free piston shock tunnel which is capable of achieving the high temperatures
and thus the enthalpy conditions which are experienced during reentry. A
Nitrogen test gas was used to further isolate the basic dissociation chemical
reactions which occur at these high temperatures. The expected freestream
conditions in the test flow for the three enthalpy conditions are presented

in Table 1 below.

H, | T P p u |Mach| 7 | «

Mi/kg| K | xPa xg/m’ |km/s| N°

6.42! 775| 5.88|.0256|3.35{5.84 1.4 |~ O

28.0|2560| 9.92|.0099|5.67{4.79 1.38(.140

36.0(3518/10.05].0076|6.17| 4 .49 1.44].268

Table 1 Freestream Conditions in Test Section
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The cone used for the experiments had s half angle @ = 15° and an axial
length 180 mm. The instrumentation on the cone consisted originally of ten
Entran pressure transducers and ten Pt-PtRh thermocouple heat transfer
gauges. Both. the pressure transducers and the thermocouples were mounted in
rows of five gauges each, with the rows equispaced around the cone. The
arrangement of the cone and it's instrumentation is shown in figure 1. Due
to pressure transducer problems, we were only able to obtain five gauges that

operated satisf actorily.

3. PRESSURE RESULTS

The results from the calibration experiments at @ = 0° are displayed in
figure 2 which show plots of P/Ppior VErsus cone position for the
conditions with H,= 6.42 MJ/kg and H,= 27.98 MJ/kg. The experiments are
compared with Taylor—Maccoll solutions, for which an appropriate value of 7
is required. For the equilibrium case, it was found that the flow is
vibrationally frozen, and that we can take 7 = 1.4. For H,=28 Ml/kg. the
flow is relaxing vibrationally and we take 7 = 4+/3, assuming ideal
dissociating gas behaviour. Figure 2a shows that the measured P./Ppyo
agrees quite well with the Taylor-Maccoll solution when H,= 6 Mi/kg. The
average of the experiments differs by 57 from the Taylor-Maccoll theory. For
the non-equilibrium case, figure 2b, the average value of the pressure
signals is 227 below that of the Taylor-Maccoll value. Apart from the
discrepancy in figure 2b, it can be seen that the pressure on the cone
surface during the experiment at zero incidence, for both enthalpies is

approximately constant along a ray.

Now consider the results obtained from experiments for « = 30°. Figures

3-5 show plots of pressure in two forms, 1) P/Ppior ,and 2) ln(Pc/Pn)
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verses ¢ at each of the five measuring stations, for H,= 6, 28 and 36 MJ/kg,
respectively. The experiments are compared with the Newtonian estimate for
pressure, which in the hypersonic limit and assuming perfect gas behaviour,

is given by,
P/P = ﬂd:(sin @ cos B + cos O sin B cos $% ¢+ 1 (1)

Figure 3 also shows results obtained from detailed three-dimensional
calculations performed by Macrossan et al (1989), and these compare
favourably with experiments. For all enthalpy cases it can be seen that the
Newtonian value of pressure for the first 60° of the windward surface is
higher than the values derived from experiments (figures 3b-5b).

The main aim of this project is to investigate the effects of real gas
chemistry on the leeward surface of the cone. From figures 3a-5a it can be
seen that the data provides some evidence that cross-flow shocks are
occurring on the leeward surface, as suggested in figure 1. The cross-flow
shocks occur at about ¢ = 150°, but the resolution of the plots and the
reliability of the pressure gauges make any conclusive quantitative
assessment of the results difficult. It is proposed that further experiments
on the leeward surface of the cone be conducted using more sensitive pressure
gauges, and that a finer survey of the leeward surface be taken. This should

allow accurate measurement of the azimuthal position of cross-flow shocks.

4. HEAT TRANSFER RESULTS

As said above heat transfer was measured via the use of Pt-PtRh
thermocouples. Calibration of the thermocouples independent of the
experiments proved impractical, thus the thermocouples were calibrated by
scaling the gauge measurements for heat transfer to the cone surface at zero
incidence, and in low enthalpy flow, to the predications of Eber (1952).

From Eber's laminar boundary laminar analysis, the heat transfer at a
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distance x {rom the apex along the cone surface may be expressed as

st, = 0.575 Rey'” Pr° @

where St,, Rey, and Pr are the Stanton number, Reynolds number, and Prandtl
number respectively and are based on freestream conditions.

Knowing the theoretical values for the heat transfer we are able to
calibrate the experimental data. Figure 6 shows the heat transfer data
plotted in terms of St verses Re, for the three enthalpy conditions and are
compared with their respective theoretical values. Figure 6a is the
equilibrium case from which the calibration factors can be determined for
each individual thermocouple.  Figures 6b and 6c are the two nonequilibrium
conditions, from which it can be seen that calibrated experimental data are
higher than the theoretical values.

The data obtained from experiments performed at B = 30° are normalised
with the zero incidence data for each enthalpy condition. Figures 7-9 show
St ¢/Sta=o verses ¢, for H,= 6, 28, and 36 -MJ/kg respectively. These figures
show a decrease in the heat transfer until there in a local minimum at about
¢ = 150°, with a rise in the heat transfer to ¢ = 180°, similar to the
pressure distribution around the cone. This again suggest the existence of
separation and counter-rotating vortices occurring on the leeward surface.
As with the pressure data the resolution of heat transfer is not sufficient

to establish any quantitative arguments of the leeward surface.

5. CONCLUSIONS

The pressure and heat transfer results presented compare reasonably with
their respective theories. Both the pressure and heat transfer suggest the
existence of crossf low shocks on the leeward surface, but more detailed

experiments are required. .The experiments that will be conducted will have
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more sensitive pressure transducers and thinfilm heat transfer gauges to
investigate a finer survey of the leeward surface of the cone. From these
experiments we shall be able to pinpoint the crossflow shocks and determine
the effects of varying enthalpy on the crossflow shocks. A further use for
the thinfilm gauges is to compare actual experimental data with theory at

zero incidence and to calibrate the windward thermocouples.
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SHOCK TUNNEL DEVELOPMENT (Supplementary Project)

R.J. Stalker and R.G. Morgan

Raising Operating Pressures

A major target of the 1989 program was to ralse the operating pressure levels
of The University of Queensland shock tunnel T4. Specifically, this meant
raising the pressure after shock reflection at the downstream end of the
shock tube - i.e. at the nozzle entrance. With a free pliston shock tunnel,
this can be done in two ways. Either, by operating at a high driver gas
volumetric compression ratio, a high main diaphragm burst pressure. The
Page-Stalker effect (i.e. the loss of pressure at shock reflection in the
driver gas at the downstream end of the shock tube), then causes the pressure
at the nozzle entrance (nozzle stagnation pressure) to be reduced. Or, by
operating at a lower driver gas volumetric compression ratio, and a lower
diaphragm burst pressure. The reduction in the Page-Stalker effect then can
allow similar nozzle stagnation pressure levels to be reached.

In both cases, the pressure driving the piston remains the same, ensuring
that the same energy is imparted to the driver gas during the compression
process. The first method has the advantage that longer test times are
obtained at a given stagnation enthalpy. The second method has the advantage
that lower peak pressures are produced in the apparatus.

Tests were made to compare the operation of T4 in the two modes, and
resulting nozzle stagnation pressure records are shown in Fig. 1. Record A
was obtained with a main diaphragm burst pressure of 170 MPa, a driver
volumetric compression ratio of 120 and a piston driver reservoir pressure of
8.3 MPa. Record B was obtalined with a main diaphragm burst pressure of
86 MPa, a driver volumetric compression ratio of 60, and a piston driver
reservoir pressure of 8.9 MPa.

It can be seen that the nozzle stagnation pressure for B is a little higher
than for A, even though the main diaphragm burst pressure is only one half of
that for A. Thus a given nozzle stagnation pressure 1s produced with much
lower peak pressures in the apparatus.

The number of flow passes over an 0.5 m long model also is shown in the
figure, together with the estimated time at which contamination by driver gas
occurs. The stagnation enthalpy for A was 27 MJ/kg, whilst that for B was
13 MIJ/kg (the test gas for A was nitrogen, and that for B was air, but this
does not influence the operating characteristics under discussion) and it can
be seen that approximately the same number of flow passes takes place before
contamination in each case, in spite of the fact that increasing stagnation
enthalpy with given driver conditions reduces the time for contamination.
Thus, changing the driver conditions by raising the dliaphragm burst pressure
and the driver volumetric compression allows operation at high enthalpies
without reducing the effective test time.

It might be noted that the higher dlaphragm burst pressures are associated
with considerable technical problenms. For example, the high pressure
stainless steel dilaphragms which are used do not "petal" cleanly, and
fragments of the order of 10 to 20 mm in diameter tend break away, to impact
the downstream end of the shock tube, or to pass into the nozzle. The steel
high pressure plate of the entrance to the shock tube tends to ablate, and
the high stresses induced in the nozzle by high shock reflection pressures
cause deformation of the surface contour. Although all of these are problems
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_can be solved by the application of time and technical effort, they are
nevertheless a practical discouragement to high pressure operation.

Hypersonic Combustion

The purpose of raising the tunnel operating pressure levels was to make it
possible to produce reasonably vigorous, hypersonic combustion of hydrogen
fuel. With the pressureswhich were achieved, it was considered that 1t may
be necessary to increase the combustion duct length in order to allow an
adequate streamwise distance for the combustion to develop. Accordingly, the
long duct designed for the scaling experiments (see "Pressure-Length
Correlations in Supersonic Combustion”) was used. The intake was modified to
allow effective "direct connect” operation, rather than the expansion after
the intake which is shown in Fig. 2 of the above report, and the same central
injection strut was used.

Static pressure distributions along the duct are shown in Fig. 2. Tests were
conducted not only with hydrogen, but also with ethane, as fuel. Although
the wave structure resulting from the modified inlet somewhat confuses the
display of results, the clear cut increase in static pressure, amounting to a
factor of two , which is achleved when alr replaces nitrogen as test gas is
evidence that combustion 1s taking place. It is interesting to note that
ethane produces combustion pressure increases which are only a little below
those experienced with hydrogen.
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188.06 PRESSURE VS POSITION.
absolute time = 6,988 wsc

flow velocity = 3708.888 m/asc

Cam wild steel rupture® 71 Npa Helium driver compression ratio 5%

Nowinal enthalpy 8.4 Mi/kg

x H2/air phi 1.3, run 1856

1 filled square CZ2H6/air phi 1.2, rum 1874

| hollow square HZ/NZ equivalent phi 1.3, run 1059

A J
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INVESTIGATION OF FLOW CHARACTERISTICS IN
TQ EXPANSION TUBE

NASA Report 1990

Andrew Neely
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In the early part of 1989 the work on the analytical predictions of test gas
flow conditions for an ideal dissociating gas and an ionizing gas in an expansion
tube was continued. The work continued to the point where the simulation was
shown to work for low enthalpy flows but was still having problems with the high
enthalpy flows.

The program is driven by the input of the initial fill pressures in the shock
tube and the acceleration tube and the measured shock speeds in the shock and
acceleration tubes. The calculation process is set out in flow chart form in
FIGURES 1 & 2. The goveming equations for the flow processes were set out in

last year’s report.

Initial calculations with the program using the expected end velocity
from 1 - D perfect gas calculations returned a negative value of 0 fina! indicating
that full recombination had occurred during the expansion process. Substitution of
a = 0 into the velocity expression confirms this. That is it confirms that ionisation
will fall to approximately 0 before the expansion process is complete and the end
conditions are reached. The point where this occurs is designated the point of

transition.

It is necessary to find this transition point, but as the exact isentropic
relation fails for a zero level of ionisation #t is required to find the finite but very
small level of ionisation which when reached during the expansion can nolonger

contribute to the flow energy.
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This transition level is found by varying Q fina) and observing its effect on
the final Test Gas pressure Py. This pressure can be found by relating the gas fiow
conditions through the unsteady expansion from the secondary diaphragm but
also by relating conditions back across the secondary shock This is possible because
by physical constraints the pressures on either side of the acceleration gas/test gas
interface must be equal. The test gas velocity is similarly constrained to the velocity
of the acceleration gas behind the secondary shock

The relations used to find P4 and Ugq are

2y M y-1
P4-P3( y+1 -y+‘l)

U
U4='§§PQ

Us _ \[IE
where A‘a-Ma'M‘ Ta

-1 -1\ 1
- (u;w]/[vw 'YT)JE

Te y-1 Y-1), (y+12
£ - et (1 s

£

*ome? | T2

The expansion process is thus divided into two stages. A real gas model is
used to relate from the beginning of the acceleration tube through the unsteady
expansion to the transition point at which the level of ionisation has reached a
final negligible level, then a simple perfect gas model is used to relate through to
the end of the tube. Since the gas at this stage can be considered to be behaving in
an ideal manner, using the shock speed and the quiescent acceleration gas pressure

the conditions behind the secondary shock can be found using 1-D shock relations.
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TRANSITION POINT
SECONDARY

DIAPHRAGM

Real Gas Perfect Gas
behaviour behaviour

These relations give values of velocity and pressure in the region behind
the secondary shock, ie. Us and Pa. By physical constraint these are known to be
equal to the velocity and pressure of the test gas that lies behind the secondary

contact surface.

In the case of Dissociating gas the same technique that was used in the
jonisation case is followed. This is because once again it is observed that when the
Jevel of dissociation is set to zero the resulting velocity does not correspond with
the known test conditions, it is too low. The flow process is divided into real and

ideal gas stages, with the change occurring at the transition pomt.
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The equations are set up and the value of the final level of dissodiation is
adjusted until the test gas pressure Py matches the acceleration gas pressure Py at
the gas interface, giving the end flow conditions.

These two models allow the prediction of the fiow conditions of the test gas
at the end of the acceleration tube given the initial fill pressures and the observed
shock velocities. The models assume that an equilibrium flow process is occuring.

A comparison of the measured and predicted flow conditions foralow

enthalpy dissociation shot using Argon driver gas are as follow

AIRTESTGAS MEASURED PREDICTED
ACCELERATIONUBE
Shock Velocity (m/s) 4000 .
TEST FLOW
Dissociation Fraction 000034
Static Pressure (Pa) 5158 5170
Pitot Pressure (kPa) 230 194
Density (kg/m?) 00197
Temperature (K) 912

While the agreement has been good for low enthalpy test conditions , as
yet the program has not been able to match static pressures for the high enthalpy
shots The program is being modified to account for the likelyhood that total

recombination does not occur for these conditions.
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To assist in the calibration of the simulation programs an adapter section
with a static pressure probe was added to the end of the acceleration tube. This
transducer allowed the measurement of the static pressure for the duration of the
flow process providing further evidence of the steady state of the test flow as
shown by the flat traces. (FIGURE 3)

It was alsoproposed to use the laser interferometer originally set up by Dr
T. Posillico at the beginning of 1989, to measure the density changes in the flow
and thus determine the free stream density of the test gas.

The laser interferometer (FIGURE 5) passes two parallel beams from the
same source through the test section. One beam passes through the test flow
exiting the end of the acceleration tube while the other does not. The beams are
optically recombined and made to interfere on a light detecting diode. The change
in intensitv of the combined beam can then be related to the change in density of
the test flow.

The system works on an infinite fringe pattem where

Fringe shit N =0 % (%Sﬂ) (Liepman & Roshko)

where L = length of flight across the test section which in this case
is the width of the jet of gas exiting the tube. approx 32 mm
» = wavelength of the light source ie. the He - Ne laser 6328 nm
= density of gas at standard temperature and pressure.

initial density of acceleration gas

2R

= density of gasbehind the shock
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The laser interferometer was shown to be able to detect the amrival of a
shock and qualitatively show the density change in the flow (FIGURE 4). The
problem. came when it was attempted to quanﬁfy the density change observed.
The diode light detector outputs a voltage proportional to the intensity of the
interfering beams. For an infinite fringe pattern the intensity varies sinusoidally
with fringe shift.

ie. Intensity = a + bsin(N+80)

Hence to calibrate the interferometer the starting point must be known and
the maximum full scale change in intensity must be determined. The only way to
determine these constants is to calibrate the system with a known density change.
The electronics will only respond to a very high speed change of the order of time
scale associated with flow in the tunnel.

The tunnel was fired in shock tube mode in a series of tests to provide
known high speed density changes , but it still proved inadequate to determine
the required constants. It was decided that calibration of the system is impractical
in terms of time and effort at this time but if an accurate and simple method of
calibration could be found then the laser interferometer would be a useful non-

intrusive diagnostic tool.
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SUMMARY OF SOLUTION METHOD

FIGURE1 SHOCK TUBESECTION

User inputs observed shock velocity in the shock tube
and initial fill pressure in the shock tube

User inputs initial estimate of a2 (or X2)

v

~——P> Solve the quadratic for density ratio €

P
Calculate =2 and thus P2 using €

Py
Tz l .
Calculate = and thus T2 using €

Ty l

Substitute values into law of mass action
and find error

— Adjust value of a2 to reduce efror until it is acceptable

v

Using a2 calculate other conditions at the end of shock tube.
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FIGURE? ACCELERATIONTUBESECTION

User inputs observed shock velocity in acceleration tube
and initial acceleration tube fill pressure

y

User inputs initial estimate of 0 final (Xfinal)

——» Calculate Uq and Py using ideal 1 - D shock relations
set Uy = Ug

Calculate the gas velocity, sonic speed and gas temperature at
transition point

Calculate pressures using law of mass action

Calculate Ay, Tr, Pr using ideal unsteady expansion relations

Compare Pr and P4

v

\————— Adjust O final and repeat until Pr and P4 match

v

Have end flow conditions
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CHANNEL 2’
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FIGURE3: Static Pressure Trace of Flow At Exit of Acceleration Tube

CHANNEL 3
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FIGURE4: Laser Interferometer Trace
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DISTURBANCES IN THE DRIVER GAS
OF A SHOCK TUBE

A.Paull and R. J.Stalker

Mechanical Engineering Department
University of Queensland

1. Introduction

it has been observed (Stalker) that expansion tube test times are limited
at low enthalpies by large regular disturbances which disrupt the centreline
pitot pressure. Previously, these disturbances have been attributed to
bubbles which are mixtures of driver and test gases and which are less dense
than the test gas. However, laser interforometry experiments (Possilico)
which measured test gas density at the expansion tube exit detected a much
smaller density change than was expected for a large bubble. This indicates
that either, the bubbles are elongated in the flow direction or, more
fundamentally, the bubbles do not cause these disturbances. In this report
it will be assumed that the latter is correct and an alternative theory which
is based on longitudinal and lateral waves is developed which is expected to
explain the structure of the pitot pressure disturbances.

It has been observed that similar disturbances exist in the test and driver
gases following a shock in a shock tube. It is bellieved that a model for
these disturbances could be used to determine test time limitations in the
more complex flows of an expansion tube. There are advantages of analyzing
shock tube flows rather than the flow from an expansion tube. The primary
advantage 1s that shock tube flows are not accelerated by the unsteady
expansion centred at the secondary diaphragm of an expansion tube. This
reduces the complexity of the flow history and thus reduces the possibility
of additional unknowns distorting the fundamental problem.

This report describes the disturbances which are observed in the driver gas

of a shock tube.

2. Experimental Description
This report centres on a series of tests in which the exit wall pressure and
centreline pitot pressure where measured in a shock tube (see figure 1). The

shock tube was 5.435 m long and has an inside diameter of 38 mm. A free
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piston driver was used to heat the driver gas.

Throughout the experiments the driver conditions remained the same. The
filling pressure of the reservoir behind the piston was 3.4 MPa and the
compressloﬁ tube was filled with helium to 130 kPa. The helium driver gas
was compressed to rupture a lmm cold rolled mild steel diaphragm at nominally
34.5 Mpa.

Shock speeds were varied between 2.39km/s an%@é km/s by altering the shock
tube filling pressure between 320 mmAand S mmArespectively. The shock tube
and dump tank were filled with undried air extruded from the atmosphere.
Shock speeds were measured with ionization gauges stationed at five locations
as shown in figure 1.

Wall pressure was measured 15 mm from the shock tube exit and the pitot probe
leading edge was posltioned centrally approximately Smm from the shock tube
exit. The plitot design is shown in figure 2. For all experiments each analog

signal was sampled every microsecond.

3. Results and Observations

Figure 3 displays the pitot pressure as a function of time measured for
different shock speeds. Figure 4 displays the corresponding wall pressure
records and table 1 displays the shock speeds calculated from the time delay
between excitation of neighbouring ionization gauges. A typical record from
the ionization gauges is shown in flgure 7. The predicted driver-test gas
interface location is displayed in figures 3 and 4. This prediction was made
using turbulent boundary layer entrainment theory (Mirel). The shock speeds
where assumed to be that observed between the two ionization gauges closest
to the diaphragm.

Verification of the repetitiveness of these results is given in figures 5 and
6 where the the shock tube filling pressures of 35, 10 and 20 mm were
repeated. In these experiments a more sensitive wall pressure gauge was used.
In can be seen that the results from these series of experiments are in
reasonable agreement with each other.

Three features of the unsteady nature of each pair of wall and pitot traces
should be observed.

(i) A sharp dip is sometimes observed in the pitot pressure in the vicinity
of the interface.

(1i) At the higher shock speeds the pitot pressure mean does not follow the
wall pressure mean. )

(1i1) The pitot pressure has well defined oscillations superimposed on its

mean, but the oscillations in the wall pressure are not as pronounced.
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The third feature is believed to be a fluid mechanical feature and 1s not the
result of stress waves in the pitot probe. This was verified with an
experiment in which the tapping to the pitot pressure transducer was blocked.
Virtually no vibrational noise 1s detected from the pitot pressure

transducer.

3.1. The interface

The predicted interface lies close to the dip or a point where the nature of
the pitot pressure traces changes. It will be seen from the theoretical
results discussed later that in addition to a mean pitot pressure change due
to the difference between the driver and test gas densitlies, there will also
be a change in the frequency and amplitude of the oscillations across the
interface. This information has been used and the most likely interface
positions are shown in figures 3-6. Ideally to the left and right of the

interface the gases are air and helium respectively.

3.2. The mean trend

From figure 4 1t can be seen for a shock tube filling pressure (Ps) of S mm
that after the observed driver-test gas interface the wall pressure rises
steadily. The gradient of this rise becomes less as Ps is increased until
Ps= g80mm where there is no rise. If P‘ is greater than 80 mm the wall
pressure falls.

Not every aspect of this trend is seen in the pitot pressure record. For
Pg= Smm, the pitot pressure rises rapidly after the interface and then rises
slowly (if at all) for the remainder of the trace. This trend is repeated
for P,= 10mm and 20mm with the rise in pitot pressure being less dramatic as
the shock tube filling pressured is increased. An interesting result occurs
at P,= 40mm. At this filling pressure, after the interface, the pitot
pressure falls as the wall pressure rises.

It can be seen that the long term overall trend is for the pitot pressure to

have a lesser gradient than the wall pressure.

3.3. Oscillation features

Oscillations can not be seen in the wall pressure traces of figure 4 at the
higher shock speeds. It is only when the disturbances are extreme at the
lower shock speeds that oscillations appear in the wall pressure. This 1is
partially due to the